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Comparison of Four Candidate Propulsion Systems
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A
2.
3.
COMPARISON FACTORS Minuteman Wing VI Stage 2(modified for Voyager) plus
monoprapeilant midcourse
PROBABILITY OF SUCCESS
Assessed value for sample 0.949
mission profile (Appendix A)
Principal areas of uncertainty Effects on spacecraft due
to engine exhaust plume
Developmental maturity _FCons[derable flight experience;
substantial _dTflcations
PERFORMANCE OF
1971 MISSION
L_V for orbit insertion, km/sec 2.00
(based on allocated weights) (Satisfies requirement)
Minimum AV OK for midcourse and orbit
LSV error trim
Highest error for orbit
insertion
COST ($ MILLIONS)
Propulsion system aedbus
structure aedmechanical
subsystems (Appendix B)
Development 47.7
production--1971 mission 30.8
Total 78.5
FLEXIBILITY
PtopalJant sources for
high and low thrust
VariabJeAV for orbit insertion
and occommodatTng mass change
OrbTt insertion _V for 1975-77
weight allocations, km/sec
Ability to produce greater
impulse for future missions
EFFECTS ON SPACECRAFT
DESIGN
FHght spacecraft length
Cross section area for power
Required by propuisTon
env;ronment
B LEM Descent Stage C Titan III-C Transtege D Custom Liquid
(modified for Voyager) (modified for Voyager) Propulslon System
6. HAZARD TO PLANETARY
QUARANTINE
0.968 0.924 -X- 0.969
Possible degradation [n reliability due to stress corrosion of titanium propellant tanks
by N204.
(Minimized by reducing tank
pressure during interplanetary
phase)
Flight experience late '60s; Considerable flight experience; New tankage development
_mlnlmum modTficatlons substantial modifications LEM engine
2.10 2.29 * 2.37
(Satisfies requirement) (Exceed desired value) (Exceed desired value)
_OK OK, but jeopan:lized by _¢OK
Hmited propellant for
auxiliary engines
28.1 40.3 52.9
27.1 26.3 26.7
55.2 66.6 79.6
Separate _ Common
No • Yes
1.11 1.20
(Sub-marglnal; may be in- (Acceptable)
creased 5% by using
8er/lllum propellant)
Requires new solid motor "_Excess propellant capacity
development
Separate * Common
Yes 4(- Yes
1.30 1.35
Excess capacity if Transtage Requires new desTgn
tanks restored
208 in. 208 in. 192 in. 208 in.
Fixed array * Fixed array Deployable panels required * Fixed array
for some solar array area
Deployable heat shieid to Ablative nozzle extension Ablative nozzle extension Ablative nozzle extension
protect solar cells
Protection for PSP
Low-galn antenna abandoned
or stowed
Po6sible ejection of contami-
nated solid particles after
burnout
Possibility of meteorold-;nduced rupture of propellant tanks leading to structural disintegration and ejection
(Minimized by lower cross (Minimized by reducing tank
section of monopropellant p_ssure during cruise)
tanks)
OUTSTANDING ADVANTAGES
OUTSTANDING DISADVANTAGES
Indicates superiority
• Flightexperlence • Probabifity of success
• Simplest main engine • Lowest cost
• Flexibility
• Exhaust plume problem • Scope ofmodiflcations
• Inflexibility • Probability of success
• Cost of development
• Probability of success
• performance
• Cost of development
• Development status
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I. INTRODUCTION AND SUMMARY
I. DIFFERENCES BETWEEN TASK A AND TASK B STUDIES
This volume describes the tradeoff studies that were performed to
provide the basis for the propulsion system selection for Voyager Task B.
The tradeoff study in Task B considers the system selection from a sig-
nificantly different perspective than was used in the Task A study. In
Task A, the propulsion tradeoff consisted of two well-defined phases.
The first phase attempted to optimize the propulsion system design
through selection of component parts, operating parameters, and sche-
matic arrangement, for a combination solid propellant retro-motor-
hydrazine monopropellant rnidcourse velocity correction system and for a
single engine liquid bipropellant system. The second phase compared
spacecraft with each of these "optimum" systems. In contrast, the Task
B study concentrates on the problems of applying hardware currently
under development to the new Voyager requirements.
Other significant differences between the two studies are: (1) the
work statement'for TaskrB not only includes more basic alternates, but
permits a greater degree of design freedom within the prescribed alter-
nates; (2) the Task B mission description presents divergent sets of pro-
pulsion requirements for the 71-73 missions and the 75-77 missions and
implies a far greater need for operational flexibility than was evident in
Task A; (3) the cost of propulsion in comparison to the rest of the space-
craft is a more significant parameter in Task ]5 than in Task A; and (4)
the Task B mission description states that the orbit insertion maneuver
must be performed with the flight capsule in place.
2. ORGANIZATION OF VOLUME AND CONTENTS
The volume is organized to show:
• Requirements of the mission as given by JPL in the
mission description documents; the guidelines used to
bound the study as assumed by TRW; and the require-
ments generated by vehicle design considerations and
interactions between propulsion and the other spacecraft
subsystems
• Criteria used for comparing and ultimately for selecting the
propulsion system
-i-
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Design descriptions of the basic propulsion alternates and the
rationale used to select the design options and operating param-
eters
Flight spacecraft design considerations as related to each of
the propulsion alternates
Comparison of the propulsion and spacecraft options and the
recommendations of the study.
3. SELECTION PROCESS
In order to reach a timely decision (so as to allow sufficient time
to complete the detailed spacecraft design), it was necessary to use a
selection process which quickly eliminated the least likely alternates and
then converged on a recommended approach. The selection process used
is shown schematically in Figure I.
ALL POSSIBLE
ALTERNATES AND
VARIATIONS
OF ALTERNATES
EVALUATION OF HIGH
RISK PROBLEMAREAS
AND SELECTION OF
BASIC PROPULSION
ALTERNATE
CONFIGURATIONS
I EVALUATION
OF SPACECRAFT
INTERACTIONS
STEM DESIGNS
COMPARISON'
AND
SELECTION
Figure ] Propulsion System Selection Process
The first phase was an investigation of the design variables within
each basic alternate system to determine if there were fundamental high
risk problem areas or similarly degrading characteristics which consti-
tuted a rational basis for limiting the number of options. This phase is
discussed in Section IV, which describes the basic alternates. At the con-
clusion of this phase, the following four basic systems were selected for
additional study:
-3-
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A solid propellant retro-motor based on a modification of the
Minuteman Wing VI Stage 2 motor, combined with a conven-
tional, Mariner type, monopropellant hydrazine, midcourse
velocity correction propulsion subsystem. This alternate is
called the "combination system. "
A LEM descent stage propulsion system with only the minimum
modifications required to adapt the stage for long term space
storability and compatibility with the Voyager spacecraft inter-
face requirements
A Transtage propulsion system with minimum modifications
required to adapt the stage for long term space storability and
compatibility with the Voyager spacecraft
A liquid propulsion system using the LEM descent stage engine
and an optimized propellant feed system. This alternate is
referred to as the "custom liquid system. " It is included in the
study to serve as a state-of-the-art standard for a liquid system
optimized for Voyager, and as an upper limit against which
performance and reliability comparisons of the other alternates
are made.
These systems were then compared for performance potential, problem
areas, cost, and reliability, both as propulsion systems and as related
to an integrated spacecraft design. (Small scale layouts of complete
spacecraft were made for each propulsion system. Refined spacecraft
weight estimates were made, and propulsion performance capability was
re-evaluated.) The performance comparison generated from the data
available at this point is shown in Figures 3 and 4 Figure 2 shows orbit
insertion velocity increment capability for the 1971-73 weight allocations
as a fl]nction of actual midcourse velocity increment conducted. Figure 3
identifies the orbit insertion capabilities of the four configurations (after
reserve for rnidcourse and orbit trim requirements) for the 1975-77
weight allocations, and indicates the consequent launch period available
for 1975, Type Itrajectories (the most critical) for four representive
orbits about Mars.
Each of the propulsion systems was then evaluated in consideration
of the JPL competing characteristics guidelines.
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4. RECOMMENDATION AND MAJOR CONSIDERATIONS
The results of the study indicated that the LEM descent stage, modi-
fied as indicated in Volumes I and 2, was the best choice. The major
considerations substantiating this selection are given below.
4. I Comparison of LEM and Transtage
As a matter of basic philosophy, the LEM stage is currently being
designed and developed for a significantly longer operational life than the
Transtage. Hence, considerable development, as indicated in the mate-
rial furnished by JPL for the study, would be required to bring the
Transtage to the level of the current LEM technology.
If a single-engine transtage were used, the structure of the stage
would require major redesign, redevelopment, and requalification, and
the stage length would be significantly increased. If the two-engine
Transtage were used, acceleration loads to the vehicle would be
increased, the problems associated with engine control during start and
shutdown transients would have to be accepted. (In either event, the
main engine shutoff error is too great for Voyager midcourse correction
requirements. Thus, an auxiliary propulsion system is necessary for
trimming maneuvers, and it might as well also be used for propellant
settling for the main engine. )
In comparison, the modifications to the LEM structure to accom-
modate the propulsion subsystem modifications recommended in the study
require substantially less development and qualification effort. Two-
thrust level operation of the LEM engine provides both an efficient
retro-maneuver without imposing high acceleration to the spacecraft,
and precise midcourse maneuvers without requiring auxiliary trim
motors.
4.2 Comparison of LEN4 Descent Stage and Solid Motor-Liquid
Midcour se System
It was established during the study that the only advantage of a
solid retro-bipropellant system as compared to a solid retro-
monopropellant system for the 71-73 missions is an increase in the AV
capability beyond the minirn_._n requirements, and that the improvement
in AV capability for the 75-77 missions is only about 6 percent. It was
-7-
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concluded that the additional development cost and the degradation to the
probability of mission success are sufficient arguments to eliminate the
solid retro-bipropellant system from serious consideration.
In comparing a generic liquid system to a solid-monopropellant
system, the diverse requirements of the 71-73 and 75-77 flights, the
mission requirements to perform the retro-maneuver with or without
a capsule, and the relatively high probability of changes in the program
all indicate a strong need for the flexibility and higher performance
inherent in the liquid system.
Two other problems associated with the solid motor, high heat flux
to the spacecraft from the exhaust plume {corresponding to exposed solar
array temperatures approaching 1000°F) and high acceleration loads,
were found to have practical engineering solutions. However, the solu-
tions added a significant degree of complexity to the spacecraft which
degraded the spacecraft system.
4 3 Comparison of ELM Descent Stage and Custom Liquid System
The custom liquid system exhibits the increased velocity increment
capability expected to result from the weight control exercised in the
design of its propellant feed system In addition, it has a slightly higher
reliability potential, because of the reduction in the number of propellant
tanks However, this development of a new design will cost substantially
more than modifying the LEM descent stage for Voyager, particularly if
an attempt to achieve the reliability potential is made. Furthermore, a
custom design to optimize performance for the 1971 Voyager mission
sacrifices other advantages By reducing the propellant tank volume so
that it does not exceed the requirement of the 1971 mission weight al-
locations, the possible use of the propulsion system during transit in
the blowdown mode at reduced pressure {proposed in the modified LEMDS)
is sacrificed. Also the flexibility to be adapted to related missions is
degraded by the loss of the ability to increase propellant weight over the
current allocation.
For the above reasons, and because increased 1971 performance
capability over the LEMDS configuration has only secondary importance,
the LEMDS configuration is preferred to the custom liquid configuration.
-8-
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4. 4 LEM Descent Stage Adaptability to the Voyager Mission
In Volume 2, modifications to the LEM stage are recommended to
improve the long term storability and long life reliability of the stage.
Once these modifications are made, and a method of operation is devised
which takes full advantage of the stage's potential, the LEM stage becomes
a propulsion module uniquely suitable to the Voyager mission.
The most serious of the development problems associated with
any liquid propulsion system--leakage and stress corrosion--are solved
by effectively isolating the high pressure gas supply system and main-
taining the propellant supply pressure at low pressure during the entire
interplanetary cruise phase.
It is also significant to note that the modifications recommended to
adapt the LEM stage to Voyager either reduce the complexity or decrease
stress levels such that the reliability is generally enhanced and develop-
ment risk should not impose serious problems.
-9-
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II. REQUIREMENTS
This section outlines the requirements placed on the design of the
spacecraft propulsion system. It includes mission requirements imposed
directly by JPL, and requirements arrived at by interpretation of other
const raint s.
I. TRAJECTORY REQUIREMENTS
The Voyager missions consist nominally of the following phases:
launch and injection, acquisition, trajectory correction, cruise, orbital
insertion, orbit correction, separation, and orbital operation. The
trajectory correction, orbital insertion, and orbit correction phases are
of primary interest with regard to propulsion tradeoff analyses.
I. I Mission Sequence
Each of the propulsive phases will start with the transmission
and verification of the maneuver magnitude and the turns required to
obtain the desired maneuver direction. Antenna switching and reorienta-
Lion may also be required if the maneuver is to be made relatively late
in the mission when the omni-antenna is ineffective. Upon transmission
of the enable command, the spacecraft will switch to inertial (gyro)
reference and the turns will be completed. When the correct spacecraft
orientation has been verified, the propulsion inhibit command will be
removed and the engine will thrust until the commanded velocity incre-
ment has been obtained. The spacecraft will then be returned to celes-
tial references via the technique used for initial acquisition of these
references.
Nominally two midcourse corrections will be made with the first
occurring 2 to I0 days after launch and the second 30 to 60 days prior to
planetary encounter. An additional maneuver or maneuvers may be
required. The orbit insertion maneuver nominally occurs during the
time of the spacecraft's closest approach to the planet on its transfer
trajectory. The exact timing depends on the velocity increment capabil-
ity and the orientation of the desired orbit with respect to the incoming
trajectory. Pre-separation orbit trim maneuvers may occur from after
-I0-
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the first several orbits up to i0 days after insertion. An additional orbit
trim maneuver or maneuvers may be desirable after the capsule/bus
separation to optimize the orbit for scientific data acquisition.
I. 2 Planetary Vehicle Weight Allocations
The weight allocations for the Phase I.A, Task B Voyager missions
were part of the specifications. (i) These figures are given in Table l,
where itmay be observedthat separate quotas were establishedfor the pro-
pulsion system and bus. Since many items of structure, cabling and
thermal control for example, couldbearbitrarilyassignedto either of
these categories, TRW has adopted the position that the sum of the bus
and capsule weights must be maintained within the allocation. The 1975-
77 missions are an exception to this position in that it was assumed that
the 1000-pound increase scheduled for these years is an increase in the
spacecraft bus weight solely; i.e., the propulsion system weight would be
unchanged.
Table i. Maximum Weight Allocations
Item 1971-73 1975-77
Gross Injection Weight, Ib
Flight Capsule
Spacecraft Bus and Payload
Spacecraft Propulsion
20,500
3,000
2,500
15,000
28,500
i0,000
3,500
15,000
I. 3 Velocity Increments Requirements
The velocity increments for the several propulsion maneuvers
specified in Reference 1 are given in Table Z. In the following assess-
ment of these requirements, indications are presented of how the capabil-
ities inherent in these requirements would be employed to satisfy mission
objectives.
1.3. I Interplanetary Trajectory
Achievement of the 10-day arrival time separation will be provided
by use of up to 150 of the 200 meter/sec total by each spacecraft to pro-
vide half of the separation AV. Since the I 0-requirement on the launch
vehicle system for correction of the injection errors is I0 meters/sec,
(1) "Voyager 1971 Preliminary Mission Description, " JPL,
15 October 1965.
-11-
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Table 2. Velocity Increment Requirements
1971 and 1973 Missions
Sum of midcourse corrections
Insertion into Martian orbit
Required
Desired
Orbit trim prior to capsule separation
1975 and 1977 Missions
Midcour s e
Insertion into orbit
Orbit trim prior to capsule separation
200 meters/sec
2.0 km/sec
2.2 km/sec
I00 meters/sec
200 meters/sec
Maximum possible
within spacecraft
weight constraints
i00 meters/sec
adequate error correction capability will be maintained, with sufficient
propellant remaining for the second and third (if necessary) corrections.
1.3.2 Orbit Insertion
The minimum (periapsis to periapsis transfer) velocity increments
for injection into orbit are presented for the 1971 and 1973 launch oppor-
tunities in Figure 4. Corresponding curves for the 1975 and 1977 launch
opportunities are given in Figures 5 and 6, respectively. The trajectory
restrictions applied in constructing these figures are consistent with the
ground rules of Reference i. Nominal orbits are 2000 by 20,000 km
altitude; however, orbits with a 1000 km periapsis have been included
since this is expected to be a lower limit on this parameter. For 1975-
77, orbits with an apoapsis of 50,000 km have also been included since
this is a possible way of relieving the launch period limitations in these
years. Figure 4 shows that a margin of 0.64 km/sec exists between the
specified capability and the maximum impulsive AV required for a 45-day
launch period. This excess capability would allow for rotation of the
ellipse and/or correction of aiming point dispersions through the use of
a nonoptimum insertion maneuver. Since velocity increment requirements
-12-
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were not established for 1975-77, the mission capabilities for these years
depend on the propulsion system capabilities.
1.3.3 Orbit Trim
Figure 7 presents the total capabilities for orbit trim as a function
of the amount used prior to capsule separation. Since, as shown in Ref-
erence 2, relatively large adjustments may be m_de in the period and
periapsis for I0:I elliptical orbits using trim maneuvers of 50 meters/
sec, the requirement for I00 meters/sec prior to separation should allow
considerable flexibility in final orbit achievement. As may be seen in
Figure 7, this is particularly true in 1975-77, due to the large capsule
mass.
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1.3.4 Number of Starts
The minimum Voyager mission for 1971 will require four engine
firings of the propulsion system: two midcourse corrections, orbit
insertion, and one orbit trim maneuver. However, the nominal mission
(2) JPL EPD 281.
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will require enhanced capability. It is possible that some Earth-to-Mars
trajectories may require three midcourse correction maneuvers, and the
number of orbit trims may be two instead of one, one before separation
of the flight capsule, and one after. Additionally, it is felt desirable to
have the capability of an extra start for possible use in unforeseen situa-
tions, and the ability to execute a final propulsive maneuver at the
declared end of the mission if it is felt appropriate to r_ise the orbit
altitude at that time to minimize any possibility of orbit decay for the
ensuing 50-year period. This adds up to a desired capability of eight
starts: three midcourse, orbit insertion, two orbit trim, one end of
mission, and one spare.
1.4 Impulse Bit Requirements
The impulse bit requirement has been interpreted as follows:
• The propulsion system will be capable of performing all mid-
course correction and orbit trim maneuvers with a nonpropor-
tional error of 4-0.04 meter/sec (3_). The maximum nonpro-
portional error of the orbit insertion maneuver is taken as 4-0.5
meter/sec(3cr), but the proportional error {controlled by the
guidance system) is the dominant component.
• The propulsion system ,rill have the capability of performing
a minimum midcourse correction of 1.0 meter/sec.
Achievement of these objectives requires that the tail-off impulse
when the engine is shut off be reproducible within approximately I0 per
cent, including both errors in the thrust level and irreproducibilities in
the shutoff transient.
I. 5 Variations in Injected Weight
The requirement of satisfactory mission performance when the
landing capsule is not attached or is separated prior to orbit insertion is
best satisfied by varying the retropropulsion total impulse in flight
through thrust termination. This is easily accomplished for the liquid
retropropulsion motors but for a solid, an orbit which requires greater
AV to enter must be selected. This increases the orbital error and may
require a higher orbit to avoid increasing the possibility of violating the
contamination constraint.
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2. ENVIRONMENTAL REQUIREMENTS
The spacecraft propulsion subsystem will be designed to survive the
environment imposed on it by the Voyager mission.
2.1 Launch Environment
During launch the pertinent environmental influences, which must
be withstood by the spacecraft and its subsystems, are the following.
2.1.I Static Loads
The propulsion subsystem will be designed to withstand a maximum
acceleration of 7.0 g's along the booster thrust axis. The acceleration
laterally will be assumed not to exceed i. 25 g.
2. i. 2 Launch Vibratory and Shock Loads
The propulsion subsystem will be designed to withstand the follow-
ing vibration and shock loads in addition to those that are self-induced.
The random vibration environment for a payload attached directly to the
shroud will be assumed to be the following omnidirectional input to the
spacecraft at the attachment point to the shroud:
i) At liftoff, power spectral density peaks of 1 g2/cps
ranging from 150 to 300 cps with a 4 db/octave roll-off
below 150 cps and 6db/octave roll-off above 300 cps in
the envelope defining peaks; the time duration is
approximately 30 seconds
2) At transonic, power spectral density peaks of 0.07 g2/cps
ranging from 300 to 600 cps with a 3 db/octave roll-off
below 300 cps and 9 db/octave roll-off above 600 cps i_
the envelope defining peaks; the time duration is approxi-
mately 2 minutes.
The shock response due to shroud separation and spacecraft separa-
tion is approximated by an input consisting of a 200 g terminal peak saw-
tooth of 0.7 to I. 0 millisecond rise time.
2. 2 Space Environment
For the 1971 Voyager mission, the spacecraft and its subsystem
are subjected to the interplanetary space environment for the duration
of the interplanetary cruise phase (transit time), which may be as low
as 4 months or as long as 8 months, and to the near-Mars space
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environment for the duration of the orbiting phase of the mission,
nominally 6 months. The propulsion system may be called upon to
operate at almost any time during these periods, although nominal
operating times are those indicated in paragraph l I. The nature of
the space environment is described in detail in JPLIs Voyager Environ-
mental Predictions Document. The aspects of the environment most
critical to the propulsion subsystem are summarized here:
• The exposure to the vacuum of space, and the effect on
materials by the processes of outgassing and cold welding
• The conditions related to thermal balance: input (during
nonoperating periods) due to solar radiation, a function
of time because of varying distance from the sun, and out-
put due to radiation to space.
• The flux of micrometeoroid particles.
3. PLANETARY QUARANTINE CONSTRAINT
The planetary quarantine constraint -- the requirement that the
probability be less than 10 -4 that Mars be contaminated as the result
of a single Voyager launch -- does not have any quantitative interpreta-
tion for the propulsion subsystem. However, there are properties of the
propulsion subsystem design and operation which do bear on the prob-
abilities of contaminating Mars. These properties are discussed in
Volume I, Appendix E, from which we can abstract the following pro-
pulsion characteristics as being desirable:
i) The exhaust products of propulsion are preferably
entirely gas eous.
2) The combustion process should subject all ejected
material to a temperature-time history which
guarantees sterility. (As a corollary, the amount
of material ejected after the combustion process is
completed should be minimized. )
3) The probability of explosion or other structural decompo-
sition of the spacecraft initiated by micrometeoroid
impact or spontaneous component failure should be
minimized.
It should not be overlooked that the most significant contribution
to the observance of the planetary quarantine constraint which can be
made by the propulsion system lies in the achievement of a high
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reliability of successful operation of the propulsion maneuvers it is
called upon to perform.
4. SPACECRAFT DESIGN COMPATIBILITY
The necessity that the spacecraft system design and the propulsion
subsystem design be compatible is obvious, but it is not, strictly speak-
ing, a requirement on the propulsion subsystem. Therefore, require-
ments are not listed here. However, for each alternate design con-
sidered, in turn, attention is paid to measures needed to enforce this
compatibility. The most prominent facets of propulsion-spacecraft
interaction which must be considered are these:
l) The ability of the spacecraft structure - and in particular
deployed and articulated components and their drive
mechanisms - to accommodate the vibration and accelera-
tion loads created by propulsion operations.
z) The ability of the exposed spacecraft structure and com-
ponents to withstand the heating effects of radiation from
the propulsion exhaust plume, and the contaminating
effects of particulate matter emitted in the exhaust.
3) The combined ability of the guidance and control sub-
system and the propulsion subsystem to provide propul-
sive maneuvers to prescribed accuracy. The velocity
increment produced by such a maneuver is a vector
quantity, and both the magnitude and direction must be
controlled. This control is exerted through functioning
of both subsystems, and the accuracy required of each
is itseK a subject for tradeoff. See Volume I, Appendix C.
4) The compatible use by the propulsion subsystem and
other spacecraft subsystems of space within the allowable
vehicle envelope, and of cross section area presented
in the direction of the sun.
5) The temperature control requirements of propellants and
other internal propulsion subsystem components.
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III. CRITERIA FOR COMPARISON
The study of the application of various types of propulsion sub-
systems to the Voyager mission leads to the selection of the preferred
design for the Flight Spacecraft. The purpose of this section is to out-
line the criteria employed in the comparison of the alternate designs
and the subsequent selection.
Section 1 states the JPL competing characteristics as given in
the Preliminary Mission Description. Section 2 elaborates and expands
on these characteristics. Although "competing characteristics" and
"criteria for comparison" are not strictly synonymous, we felt that the
former would serve as an appropriate basis for the latter.
I. JPL COMPETING CHARACTERISTICS
The Preliminary Mission Description states that in the event of
technical conflicts affecting the following mission characteristics, the
relative priorities, in decreasing order of importance, shall be as
foilow s:
I) Probability of success
2) Perforlnance of mission objective
3) Cost savings
4) Contributions to subsequent missions
5) Additional 1971 Mission capability.
2. ELABORATION
To use the above characteristics as criteria for the comparison
of spacecraft designs based on alternate propulsion subsystems, it is
necessary to elaborate on them, and to identify the various features or
properties of a design which contribute to these characteristics.
Most of the pertinent features of a design {for purposes of com-
parison) are attributable to the propulsion subsystem per se; however,
the influence of the propulsion subsystem on the design of the space-
craft system must not be ignored. The differences in spacecraft design
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which are required to accommodate the different propulsion alternates
also contribute to the competing characteristics.
Although it is not always clear whether a feature should be
classified as a propulsion subsystem feature or as a spacecraft system
feature, we have attempted this division as follows:
The first four following criteria (2.1 to 2.4) are
intended to apply at the level of the propulsion
subsystem, which is described and evaluated for
each alternate in Section IV.
The remaining criteria (2. 5 to 2.8) are intended to
apply at the level of the spacecraft system, which
is described and evaluated for each alternate in
Section V.
Z. 1 Probability of Success
Primary importance is attached to the probability of successfully
accomplishing the 1971 mission objectives. The following properties of
the propulsion subsystem design contribute to raising the probability of
success.
Design simplicity. Even if the reliability with which
a given component performs a given function is not
improved, the probability of mission success is increased
if simplified design requires fewer numbers of such
components, or fewer times that such functions must
be performed.
Inherent compatibility with the long-life requirement.
When applied at the component level, this means not
reliability of operation at the end of extended periods
of inactivity during the interplanetary cruise phase
of the mission.
Developmental status and schedule risk. These are
two terms describing the same phenomenon. Space-
craft hardware with a currently less mature develop-
mental status imposes a greater risk that projected
schedules will be jeopardized at some time in the
future. Or, to put it another way, two alternate sub-
system designs may be assessed as having equal
probability of successfully performing the required
functions, with the assessment based on comparable
design simplicity and inherent component reliability.
But we have more confidence that the design which has
progressed further in development and test will
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actually achieve the predicted probability of success
at the time of the 1971 mission. Thus we distinguish
between the asymptotic reliability potentially achievable,
and the actual reliability expected after a more limited
development program.
Compatibility with environments experienced by
Voyager. In addition to the long-life requirement of
the Voyager mission, the probability of successful
operation of the propulsion subsystem depends on its
compatibility with other facets of the environment.
These include the launch environment (acceleration,
vibration, shock, ambient pressure decrease, tem-
perature) and the long cruise phase (zero-g, vacuum,
temperature, solar radiation, energetic particles,
micrometeoroids).
Capability of failure-mode operation; redundancy.
This recognizes that appropriate application of
redundancy raises the probability of mission success,
because the mission objectives may be achieved even
if some of the components do not perform properly.
To become quantitative about the probability of mission success,
it is necessary to define mission success. For the propulsion subsystem,
then, we can state what functions must be performed in order for the
mission to be a success. For the purpose of comparing the probabili-
ties of success of the alternate systems described in this volume, the
following functions are assumed necessary for the mission:
Performance of three separate interplanetary trajectory
corrections totaling 200 meters/sec, interspersed over
a 6-month interplanetary cruise phase.
Performance of the orbit insertion maneuver at the
end of the interplanetary cruise phase.
• Performance of a single orbit trim maneuver 50 hours
after orbit insertion.
This assumption is realistic in terms of actual mission life require-
ments, and is oversimplified in that all results are classified success
or failure; no recognition is made of the possibility or value of achiev-
ing a partial success, even if not all the above functions are performed.
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2.2 Performance
Performance refers to the quantitative measurement of the propul-
sive capability of the propulsion subsystem, as affected by the mass
properties of the planetary vehicle. The following measures are appro-
priate:
a) Velocity increment capability. This capability may be
expressed as a total for the entire mission, or it may
be subtotaled separately for interplanetary correction,
orbit insertion, and orbit trim maneuvers. Since the
orbit insertion maneuver involves a different engine
(in the Transtage and solid propulsion alternates) or a
different thrust level (in the Lunar Excursion Module
alternate) than the other propulsive maneuvers, it is
appropriate to express the velocity increment capa-
bility as that of the orbit insertion, having reserved
the specified minimum capabilities for all interplanetary
corrections (200 meters/sec) and for all orbit trim
maneuvers (100 meters/sec, before capsule release).
This expression of velocity increment capability, based
on weight allocations for the 71-73 or the 75-77 mission,
is followed in this volume for the comparison of the
alternate de signs *
b) Velocity increment accuracy and minimum size.
The accuracy with which the velocity increment magni-
tude is achieved is a measure of the ability to perform
the mission. This accuracy is typically composed of
a proportional error and a non-proportional error.
The proportional error is the dominant one for large
velocity increments such as that required by orbit
insertion, and the non-proportional error is the
dominant one for small increments. If velocity
increased that an extra midcourse maneuver will be
required to arrive at Mars within no more than the
permitted dispersion.
The minimum size velocity increment attainable
establishes how fine an adjustment in trajectory or
Martian orbit may be effected. If this minimum size
is raised, it may be necessary to defer the execution
In addition, velocity increment capabilities given in this volume
(in contrast to Volume l) carry the small penalty resulting from
the assumption that the capsule canister is not ejected until after
the orbit insertion and orbit trim maneuvers have beenperformed
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of the last interplanetary correction until an undesirably
late date, resulting in degradation of the orbit determi-
nation accuracy at encounter, and in possible jeopardy
to the quarantine constraint.
c) Thrust vector orientation accuracy. This has the
same effect as velocity increment accuracy. Velocity
increment is actually a vector quantity. Paragraph (b)
pertains to the accuracy of controlling the vector
magnitude, and (c) pertains to controlling the direction
of the vector. It is recognized that the thrust vector
orientation accuracy which is attainable is, to a large
extent, outside of the realm of the propulsion sub-
system. The characteristics of the guidance and
control subsystem and the location (and accuracy of
location) of the vehicle center of mass relative to
the effective gimballing point of the thrust vector
have a major influence on this accuracy.
It is seen that the measures of performance outlined above are
dependent on the spacecraft system characteristics as well as the
propulsion subsystem. For purposes of this outline of criteria, we
consider them to be influences of the spacecraft design on propulsion
subsystem performance, and not as influences of the propulsion sub-
system on the spacecraft, which are considered in 2.5.
To the extent that performance meets the 1971 mission require-
ments, this criterion corresponds to the second competing characteristic
of paragraph ]. To the extent that performance exceeds the 1971 mission
requirements, it corresponds to competing characteristics 4 and 5.
Z. 3 Cost
The cost evaluation of the alternate propulsion subsystems must
consider not only the production costs associated with the flight qualified
units, but, more importantly, the cost of the development and test
program necessary to establish by type acceptance testing, the adequacy
of the design to perform the mission. Therefore major cost considera-
tions are the current developmental status of the propulsion system
chosen as the basis of the Voyager propulsion subsystem, and the
extent of modifications proposed to adapt the system to Voyager require-
ments.
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Z. 4 Flexibility
This criterion includes a number of qualities which can generally
enhance competing characteristics 4 and 5 (contributions to subsequent
missions and additional 1971 Mission capability). They provide values
beyond the minimum requirements of the 1971 mission.
a) Commonality of propellant sources. This quality
(found in the Lunar Excursion Module approach)
permits a fuller utilization of all propellants
aboard, and the exchanging, if desired, of orbit
insertion capability for either interplanetary
trajectory correction capability or orbit trim
capability. A value which would accrue from this
is the possibility of salvaging a mission (after a
misdirected injection by the launch vehicle) requiring
more than the g00 meters/sec allocated for midcourse
corrections.
b) Variable versus fixed impulse for orbit insertion.
This factor recognizes a major difference between
the liquid and solid propellant approaches for the
orbit insertion requirement. If the propulsive
impulse is variable, permitting the magnitude of
the velocity increment to be controlled, the orbit
insertion maneuver can be controlled so as to achieve
both the desired orbit plane and the desired line of
apsides for the specified elliptical orbit about Mars.
(If the impulse is fixed, only one of these two quanti-
ties, in general, can be controlled.) Furthermore,
with variable impulse, the orbit insertion maneuver
could be adjusted during the final stages of approach
to Mars to compensate for deviations from the
nominal trajectory which are determined to exist
in the actual trajectory. Other advantages of the
- * 1 I _ -"...... $ _ _C .... I.14. " _4-"
Accommodation of changes of mass (at orbit
insertion) due to variations in spacecraft mass,
variations in capsule mass, loss of capsule, or
variations in propellant expended during inter-
planetary corrections. These variations may
or may not be foreseen at the time of launch.
Accommodation of changes in desired velocity
increment to account for the variation of approach
geometry and velocity with launch date.
c) Accommodation of different planetary vehicle weight
combinations for different years. The same factor
applies here as in the preceding paragraph, but over
a time scale of years rather than within one launch
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opportunity. For the fixed impulse approach, different
versions could be developed, one for 71-73 and one
for 75-77, to satisfy the appropriate orbit insertion
impulse requirements; however, this would cause an
expanded development program.
d) Applicability to other missions (other planets). It is
appropriate to examine the alternate propulsion-
spacecraft combinations for possible use in other
missions. These missions might be to Mars, but in
some other mode than that of Voyager, in which a
landing vehicle is lau_.ched from the spacecraft after
it is established in orbit about Mars. They might
also include missions to other planets.
2. 5 Effect on the Spacecraft Design
The effects imposed on the spacecraft system design by the choice
of propulsion subsystem are diverse, and include the following:
a) Implications on configuration and geometry; restriction
on look angles. This has to do with the geometry of
locating the spacecraft components. The various pro-
pulsion systems have different sizes and shapes, and
are so large that the placement of other components --
solar arrays, communications antennas, electronics
chassis, etc. , -- is largely subordinate to the propulsion
choice.
b) Envelope length (within shroud) required by spacecraft.
The Preliminary Mission Description allocates a maxi-
mum length of 208 inches for the flight spacecraft;
however, it is stated to be desirable that the actual
dimension be kept as small as possible. The choice of
propulsion subsystem exerts a major influence on
spacecraft length.
c) Modularity of the flight spacecraft design (see Z. 8)
d) Effect on spacecraft bus weight. Because of the require-
ments imposed by the propulsion subsystem on placement
of spacecraft components, on the spacecraft structural
configuration, and on the vibration and acceleration to
which spacecraft components are subjected (see para-
graph e), the spacecraft bus weight depends on the choice
of the propulsion subsystem.
e) Environment imposed on spacecraft and capsule. The
firing of the engine(s) imposes the following classes of
environmental conditions on the spacecraft and capsule,
and the spacecraft design must be such that the environ-
ment is withstood:
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• Acceleration
• Vibration
• Shock
• Heat transfer by conduction and by radiation
• Contamination by deposition of exhaust products.
To the extent that the above effects cause the flight spacecraft dry weight
to increase to the exclusion of propellant, they are considered in 2.2.
To the extent that they cause variations in the spacecraft bus reliability
or cost, these variations should be evaluated as part of this criterion.
An example of such a variation in spacecraft reliability is the introduc-
tion of a deployable umbrella-shield over the solar array in the solid-
propellant alternate to cope with the excessive radiant flux emanating
from the exhaust plume.
2. 6 Compatibility with Planetary Quarantine Requirements
A propulsion subsystem which meets the performance requirements
with a reasonably high probability of success provides the basis for
insuring that the spacecraft trajectory complies with the Mars quarantine
constraint. The observance of the constraint is then the operational
responsibility of the Mission Operations System. However, there are
aspects of propulsion operation which lie outside the stated requirements,
and should be evaluated. These include:
carry viable microorganisms to Mars, either directly
or via the capsule vehicle.
• The possibility that a rupture of a highly pressurized
propellant tank will be induced by micrometeoroid
penetration and, by violent disintegration, cause un-
sterile fragments to be ejected onto an impact trajectory.
Such an event might occur either during the interplanetary
cruise phase or while in orbit about Mars.
2.7 Compatibility with Prelaunch Ground Handling Sequence;
Modularity
The extent to which the spacecraft bus and propulsion subsystems
can be physically separable, or modularized, has an influence on the
efficiency and ease of assembly and ground handling operations. In
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addition, the loading of liquid and solid propellants may cause differences
in the sequences for assembling, encapsulating and surface sterilizing
the planetary vehicle, and mating with the launch vehicle.
2.8 Testing and MOSE Requirements
The choice of propulsion subsystem has a strong influence on the
way in which the spacecraft system test program is conducted. The
mechanical operational support equipment (MOSE) requirements are
similarly affected.
3. RELATIVE IMPORTANCE OF EACH CRITERION
It is difficult to discuss the relative importance of the various
criteria in the quantitative sense of a rating formula. This is because
many of the qualities of the propulsion subsystem approaches have a
highly nonlinear value, when the JPL competing characteristics are
applied.
For example, if we look at the propulsion impulse available for
orbit insertion, we get no 1971 orbiting mission at all unless this impulse
is great enough to permit insertion into some orbit from a minimum
possible approach velocity. (It would have to produce a minimum velocity
increment of about 900 meters/sec to allow capture in orbit about Mars. )
Therefore, the utmost value must be attached to this initial impulse
capability. However, JPL has established that a requirement for the
performance of a useful 1971 mission is a velocity increment capability
of 2000 meters/sec. But meeting this requirement is subordinated to
the primary "competing characteristic" probability of success. Increas-
ing propulsion impulse above that required to produce 2000 meters/sec
(1971 mission) has fourth ranked value, if it contributes to subsequent
missions (1975, 1977 orbit insertion velocity increment) or fifth-ranked
value (additional 1971 mission capability) otherwise. In summary we
evaluate propulsion impulse for orbit insertion as follows:
Achieve enough impulse to produce Highest value
a velocity increment of 900 meters/
sec (1971 weights)
Maximize probability of success Next value
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Increase to raise velocity incre- Next value
ment from 900 to 2000 meters/
sec (1971 weights)
Minimize cost Next value
Increase to produce velocity Next value
increment for useful 1975 or
1977 mission- say, 1200
meters/sec (1975 weights)
Any further increase Lowest value
Other characteristics may be treated similarly. Those minimum
capabilities, without which no mission is possible (such as the first 900
meters/sec orbit insertion velocity increment) comprise overriding
considerations to which utmost importance is attached. Improvements
in quality or capability above these minima are ranked according to
the competing characteristics stated in 1 of this section. Thus the
importance of a particular criterion in the selection process depends on
which competing characteristic is at stake.
The application and interpretation of the criteria for selection is
carried out in Section VI.
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IV. PROPULSION SUBSYSTEM ALTERNATES
The work statement presents four basic alternate propulsion sub-
systems for evaluation for the Voyager mission. However, within each
of these basic alternates there exist numerous design options. This sec-
tion considers these design options and derives representative propulsion
systems for these basic alternates, as well as one additional system not
specified in the work statement.
The sizing of the propulsion subsystem effects the mission perform-
ance of the spacecraft, particularly in establishing the magnitude of the
velocity increment available for propulsive maneuvers, and therefore it
is important that in all of the subsystem alternates the motor be sized
according to uniform ground rules. This is not insured by the application
of the weight allocations of Z500 pounds to the spacecraft bus, and 15, 000
pounds to the propulsion subsystem, because (I) it is a matter of interpre-
tation as to whether certain components of the spacecraft system are part
of the bus or part of the propulsion subsystem, (Z) the nature of this inter-
pretation varies from one propulsion alternate to another, and (3) the dif-
ferent propulsion alternates impose different weight requirements on the
spacecraft bus, particularly in the structural subsystem.
In order to achieve the uniformity desired, the 15, 000-Z500-pound
breakdown has been ignored in this volume, and the total of 17, 500 pounds
is allocated thus:
I) A spacecraft bus of common capability for all the propul-
sion alternates (but not necessarily the same weight.
Z) All necessary structure, meteoroid protection, etc.,
divided between "bus structure" and "propulsion
structure".
3) The remainder is available for all components of the
propulsion subsystem not included in (2).
Whereas the allocations (I) and (Z) amount to different weights for the
different alternates, they are all arrived at by employing the Same
criteria. In particular, the basis for structural and mechanical weights
is that used in Volume Z. Application of these ground rules should lead
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to proper comparative performance results. The absolute performance
results are appropriate to the Task B study; however, the interpretation
of these results should recognize how realistic the mission weight alloca-
tions are (for example, whether the nominal capsule weight applies rather
than the allocated weight), and how accurate the aggregate weights of the
spacecraft bu_ are.
I. COMBINATION PROPULSION SYSTEM
Combination propulsion systems are defined as those systems which
use a solid propellant motor for the orbit insertion maneuver and a liquid
system (either monopropellant or bipropellant) for the interplanetary
trajectory (or midcourse) correction and orbit trim maneuvers. The JPL
work statement for Task B directs that two basic classes of combination
systems be considered:
a) A solid propellant unit for orbit insertion and a small
variable impulse multiple start system for trajectory and
orbit correction maneuvers. Size this unit for use in the
1971 and 1973 missions to meet the performance require-
ments and the weight allocation specified for the 1971
mission in the "Preliminary Voyager Mission Description, "
15 October 1965.
b) A solid propellant unit for orbit insertion and a small
variable impulse multiple start system for trajectory
and orbit correction maneuvers. Size this unit for use
in the 1975 and 1977 missions to providethe same trajec-
tory correction and orbit trim capability as specified for
the 1971 mission and to furnish the maximum practical
orbit-insertion velocity within the weight allocation spec-
ified in the "Preliminary Voyager Mission Description, "
15 October "_'5.
Thus (a) is optimized for the 1971-73 missions (implicitly recognizing
the need for a different solid motor to be used in 1975-77), and (b) is
optimized for the 1975-77 missions, but applicable also to 1971-73.
Figure 8 indicates several mechanizations of each of these main alter-
nates, with a qualitative illustration of how the weight allocation to solid
and liquid propellants varies. It applies whether the liquid is rnono-
propellant or bipropellant. It can be seen that the reduction in the maxi-
mum size of the solid motor for 1975-77 is a consequence of the constant
propulsion system weight allocation and the increased liquid propellant
necessary to provide ZOO meters/see rnidcourse AV and 100 meters/see
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orbit trim AV for the heavier planetary vehicle of 1975-77. This is why
a solid engine optimized for 1971-73 cannot be used for 1975-77 missions
as defined. Figure 8 indicates some mechanizations for these main alter-
nates in which excess propellant capacity results in off-loading. This
off-loading is not intended to apply to different launch times in the same
opportunity, but merely to one launch opportunity as compared with
another.
MISSIONS
1971-73 1975-77
D D
I
D D s
D D
L
WEIGHTS:
REQUIRED FOR LIQUID PROPELLANT
TO PROVIDE 200 METER/SEC INTER-
PLANE]'.ARY CORRECTION Z_V AND
100 METER/SEC ORBIT TRIM Z_V
REMAINING, FOR SOLID PROPELLANT,
FROM PROPULSION SYSTEM ALLOCATION
JPL ALTERNATE (a)
DIFFERENT SOLID MOTORS FOR 71-73 AND 75-77
(al)
SEPARATE MOTOR CASE IN 75-77
SAME MOTOR CASE IN 71-73 and 75-77,
PROPELLANT OFF-LOADED IN 75-77
DIFFERENT LIQUID PROPELLANT TANKS IN 71-73
AND 75-77
(a2) SAME LIQUID PROPELLANT TANKS IN 71-73 AND
75-77 (LIQUID OFF-LOADED IN 71-73)
JPL ALTERNATE (b)
SAME SOLID MOTORS FOR 71-73 AND 75-77
(Iol) DIFFERENT LIQUID PROPELLANT TANKS IN 71-73
AND 75-77. (GROSS WEIGHT LESS THAN ALLO-
CATED IN 71-73)
(b2)
(b3)
SAME LIQUID PROPELLANT TANKS IN 71-73 AND
75-77. LIQUID TANKS FULL IN 71-73. (GROSS
WEIGHT = ALLOCATED; INCREASED MI DCOURSE
AND ORBIT TRIM CAPABILITY IN 71-73)
SAME LIQUID PROPELLANT TANKS IN 71-73 AND
75-77. LIQUID TANKS OFF-LOADED IN 71-73.
(GROSS WEIGHT LESS THAN ALLOCATED IN 71-73)
Figure 8 Alternate Solid Motor Configuration
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Several of the mechanizations of Figure 8 have been analyzed for
velocity increment capability, and the results are given in Table 3. Both
monopropellant and bipropellant liquid systems are considered. In
Table 3, the weight available for the propulsion subsystem components
followed the ground rules outlined in the introduction to this section, in
effect precluding full utilization of the 15, 000-pound propulsion allocation
of the JPL mission description. This table indicates that none of the
mechanizations of alternate (b) provide enough capability to meet the 1971
mission requirement of Z.0 km/sec AV for orbit insertion. On this basis,
alternate (a) must be employed in the consideration of a solid motor for
the Voyager spacecraft--that alternate (b) fails to meet the 1971 require-
ments. Therefore, performance calculations for the solid motor alter-
nate are based on the use of one motor, optimized for the 1971-73 mission
and a separate motor for 1975-77.
Further, a comparison of the monopropellant and bipropellant sys-
tem capabilities does not indicate a significant performance increase by
using higher specific impulse propellants for the midcourse and orbit
trim maneuvers. Solid motors loaded with beryllium propellants also
offer some improvement (approximately 5 per cent) in AV capability, but
are reserved by JPL input data for launch opportunities starting in 1975.
(The use of a separate solid motor for 1975-77 from that of 1971-73
makes it easier to take advantage of the improved propellants. )
In summary, the following conclusions are reached for the applica-
tion of combination _ysten_s to _-_ _r,,_y_,._...... . _pa_'_f__................_,_th_ th_ ground
rules of the Task B study:
• A solid motor loaded with an aluminized propellant and a mono-
propellant midcourse and orbit trim system will provide ade-
quate performance to meet the minimum 1971-73 orbit inser-
tion AV requirements.
• For the 1975-77 missions an optimized solid motor using beryl-
lium propellant, and possibly a change to a bipropellant mid-
course and orbit trim system would appear to be required to
provide adequate launch period to assure orbit insertion.
The foregoing considerations become academic if the 3000- and
I0,000-pound allocations for flight capsule weights are superseded, and
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nominal 2000- and 8000-pound weights are used for 1971-73 and 1975-77,
respectively. In that case a combination system sized for 1975-77 is
suitable for all the opportunities, and a monopropellant midcourse and
orbit trim system would be selected.
I. 1 Solid Propellant Retro-Motor
Solid propellant motors considered for performing the orbit inser-
tion maneuver included existing motors, modified existing motors, and
an entirely new motor designed specifically for the Voyager mission.
Considerations for the application of these various solid motors were
based on the criteria discussed in Section Ill.
I.i.i Applicability of Available Motors
A survey was conducted to determine the availability of motors
suitable for the Voyager mission. The results indicated that very few
existing solid propellant motors have the desired performance and design
characteristics. Motors of the size and total impulse required were
primarily available from ballistic missile and space research programs,
e.g., Minuteman, Polaris, Poseidon, etc. However, nearly all of these
motors are either too large or too small and therefore would need some
degree of modification for Voyager. For example, the X260 Polaris A3
second stage is currently in operational usage with the U. S. Navy, but
develops approximately 25 per cent less than the desired total impulse to
provide 2.2 km/sec AV during the retro-maneuver. On the other hand,
the second stage Poseidon C3, currently being developed by the Hercules
quire modification for use as the Voyager retro-motor. Results of this
investigation established that existing Minuteman Wing V and Wing VI
Stage II motors, currently in operational usage, should offer the greatest
potential for Voyager application.
One other possibility which warranted consideration was the utili-
zation of multiple motors to achieve the required performance. It was
determined that there are several motors which, when fired in multiples
of two, three, or four, could develop approximately the required total
impulse. However, the use of multiple motors has inherent disadvantages
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related to reliability, spacecraft installation, and performance charac-
teristics, e.g., thrust variations during tailoff could induce a detrimen-
tal tumbling action which would be difficult to correct. Further, of the
motors which were considered to be applicable (with minor modification)
from the standpoint of performance, none could meet weight and envelope
constraints for the multiple installation. Based on these considerations,
it was decided that further effort on the multiple solid motor approach
be discontinued.
The Minuteman Wing V Stage 2 motor ':_has been fully developed for
military operations, but has not been qualified for space missions. This
motor is44.3 inches in diameter andhas anoverall lengthof 155.6 inches.
It has four swivel nozzles, with each nozzle movable in one plane only
and capable of being stopped at any intermediate position to provide thrust
vector deflection within a range of ±6 degrees. These nozzles are indi-
vidually controlled by a hydraulic actuation system. The chamber is
forged and machined from 6AI-4V titanium alloy and is insulated inter-
nally with prefabricated asbestos and silica-loaded nitrite rubber. A
case-bonded bipropellant with a four-point star grain configuration is
used to provide the desired neutral burning curve. The ignition system
utilizes a propellant type igniter with an electromechanical safety-arming
device. External insulation is provided to the chamber wall, aft closure,
and nozzle for protection from aerodynamic heating due to recirculation
of exhaust gases.
This solid propellant rocket motor very nearly meets the retro-
maneuver performance requirements of the 1971-73 Voyager missions
with either a monopropellant or a bipropellant midcourse and orbit trim
propulsion system. However, the utilization of this motor for Voyager
has certain inherent disadvantages which may necessitate modifications
to existing units. Further, this motor, which is produced by the Aerojet-
General Corporation, has not been in production for several years. Thus,
new tooling and other operations for initiation of a fabrication program
Detail design, performance and reliability data for this motor, as well
as for the Minuteman Wing VI and Poseidon motors, are not presented in
this report due to security classification.
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would be required, which would dilute the cost and reliability advantages
associated with utilizing the motor. (It is understood that a program for
field replacement of these motors with Wing VI motors is currently being
conducted, but if these surplus motors were to be considered for Voyager,
they would have a storage lifetime of approximately I0 years by the time
of usage, which would introduce serious reliability factors relative to the
Voyager mission. One possibility for the relief of this condition might be
to dissolve the propellant from the motor and then reload, but this would
introduce additional complications and would not entirely resolve the
storage reliability program.)
The primary modifications foreseen to make this motor useful for
Voyager are those required to assure its successful operation in space.
Investigations and appropriate action would be required in the following
areas:
I) Necessity of providing some minimum gas pressure within the
grain cavity to prevent either physical or ballistic degradation
of the propellant, liner and insulation, and bonds
z) Standardized S and A and ignition squib to assure its compati-
bility with space environment
3)
4)
Hinged nozzle material compatibility for cold weld problems
Nozzle control unit compatibility with space environment, and
means of modifl:ing or sealing unit to assure compatibility with
space environment
=, ._....... i insulation requirement. (It is noted that the space-
craft will provide thermal control for the motor. The external
insulation on the cylindrical portion of the case is not needed.
Motor base insulation is required and may not be removed. )
The Minuteman Wing VI Stage Z motor, also manufactured by Aero-
jet, is larger than the Wing V motor and utilizes a single submerged
nozzle with a liquid secondary injection TVC system. Thrust vector con-
trol in the pitch and yaw axis is accomplished by injecting liquid through
a valve located in each of the four quadrants on the nozzle. The liquid is
contained in a toroidal tank mounted at the base of the nozzle; a gas gen-
erator supplies pressure for expelling the liquid through valves on the
nozzle. Roll control is accomplished by exhausting gases, created by a
gas generator, through nozzle assemblies mounted on the aft skirt. The
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motor has an overall length of 16Z.3 inches, a diameter of 52. 0 inches,
and is loaded with 13, 739 pounds of ANB-3066 high-energy propellant.
Other features and characteristics of the Wing VI motor are similar to
the Wing V motor. The Wing VI motor was considered unsuitable for
application to Voyager, in the unmodified configuration, because, in
addition to the need for modifications to assure its space storability and
other modifications, the gross weight of the loaded motor is in excess of
15, 000 pounds, which would violate spacecraft weight limitations imposed
by the JPL requirements.
I. 1.2 Applicability of Modified Available Motors
Based on the foregoing it appears that, with appropriate modifica-
tions, the Minuteman Wing VI motor could be adapted to the Voyager
mission requirements. In addition, information recently received indi-
cates that the Second Stage Poseidon C3 motor could also be modified to
meet these requirements. The Poseidon C3 is slightly heavier, develops
approximately l0 per cent greater total impulse, and is shorted and wider
than the Minuteman Wing VI motor. However, the C3 is currently under
development for the U. S. Navy and therefore does not have a proven
history of successful flight experience, and its availability for the
Voyager program is uncertain. Thus, for purposes of the study, the
modified Wing VI motor was selected for comparison with the other
propulsion concepts.
Results of preliminary TRW studies indicated that Wing VI modifica-
tions required to meet Voyager mission requirements include reduction of
propellant weight, removal of unneeded capabilities, and adaption to space
environment. Details of these modifications are:
•
Modification
Remove propellant
Remove roll control
subsystem
_o
Reason
Removing approximately 20 inches
from the cylindrical section of this
motor will remove sufficient propel-
lant and provide a regressive thrust
versus time curve with minimum
modification to the grain.
Voyager roll control will be accom-
plished by a cold gas system. The
Minuteman system is a "bolt-on"
system which can be removed as a unit.
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Modification Reason
. Revise LITVC
pressurization
system
4. New nozzle
5. Remove external
insulation
Minuteman LITVC system is pres-
surized by a solid propellant gas
generator which has a predetermined
gas generation schedule. This gen-
erator is not directly suitable for
Voyager and should be replaced with
cold gas pressure source.
To maintain design chamber pressure
and consequently burning duration,
the nozzle throat area must be re-
duced. Also, as nozzle length or
exit diameter is not a critical con-
straint, the expansion ratio can be
increased to achieve higher specific
impulse.
The spacecraft will provide thermal
control for the motor and therefore,
external insulation on the cylindrical
portion of the case is not needed.
In addition to the above modifications, investigation and appropriate
action will be required in the general areas described previously for the
Wing V motor.
The Aerojet-General Corporation has submitted preliminary design
data based on modifications (I) through (5), above. Figure 9 shows the
design presented, which is based on providing a velocity increment of
77.18 ft/sec to a payload weight of 8750 pounds. Other pertinent perform-
ance and design data for the modified Wing VI motor are:
a) Gross motor weight is less than 12, 500 pounds
b) Nozzle throat diameter is reduced from 9.6 to 7.8 inches
and expansion ratio is increased to 70:1
c) A cold gas generator is provided for the LITVC and roll con-
trol provisions removed
d) 78 pounds of unnecessary external insulation were removed.
Additionally, it was indicated that the maximum 3 _ velocity increment
variability would be 0.317 per cent and that the development cost and
development time would be 50 and 60 per cent, respectively, of that
required for a custom motor configuration.
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t
52.00 DIAMETER
169.43
65.4 DIAMETER
DESIGN FEATURES:
CASE MATERIAL:
PROPELLANT MATERIAL:
THRUST VECTOR CONTROL:
NOZZLE EXPANSION RATIO:
TITANIUM
ANB-3066
LIQUID INJECTION
70:1
Figure 9. Aerojet-General Corporation Proposed Orbit
Insertion Motor for Voyager
Flight spacecraft integration studies with this modified Wing VI
motor configuration were then conducted, the results of which are dis-
cussed in 1 of Section V.
1.1.3 Custom Motor Considerations
A third possibility for a solid retro-motor concept for Voyager is
the development of an entirely new motor employing advanced solid pro-
pellant technology. This concept would result in an optimized motor but
would be more costly than using either existing or modified existing
motors. Various solid motor manufacturers are currently engaged in
research and development activities relating to advanced concepts, a
few of which are:
• Long term space storability of components and materials
• Sterilization of propellants and other materials
• Higher specific impulse propellants (beryllium additives, etc.)
• Improved thrust vector control techniques.
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Other areas whereby significant advances have been made include: light-
weight chambers for high mass ratio, erosion resistant nozzles, and
improved reliability characteristics of ignition systems.
TRW evaluated the various features and characteristics in the Task
A study and determined that the solid motors had three basic problem
areas:
1) Burn Time. In order to achieve desirable acceleration
characteristics (3 g's maximum), a relatively long pro-
pellant burn duration (90 to I00 seconds minimum} is
required. Propellants with higher performance charac-
teristics would require additional development and testing
to achieve burning rates consistent with this requirement.
z) Space Storability. No previous flight experience exists with
respect to long term storability of solid rocket motors in
space. However, the various motor manufacturers recog-
nize this potential problem area and have been conducting
materials and components tests to evaluate the effects of
the space environment. Generally, propellant outgassing
and Fiberglass case permeation present the most serious
problems associated with long term storability.
3) Liquid Injection Thrust Vector Control System. The devel-
opment of the LITVC introduces performance and design
problems which, while not insurmountable, will require
extensive component and systems testing to ensure com-
pliance with mission objectives.
Generally, the same problem areas would be applicable to scaled up ver-
sions of the proposed designs should the custom solid configuration
approach be selected to meet Task B requirements.
Aerojet has performed preliminary design studies comparing the
modified Wing VI motor with an optimum rnotor for a payload weight of
8750 pounds. Results of these studies show that, for the same perform-
ance requirements, the optimum configuration would be shorter (90.9
inches), wider (8Z.Z inches), would weigh approximately 500 pounds less,
and would have a slightly higher mass fraction_._nd longer burn duration.
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The results of studies;:" performed by the Thiokol Chemical Corpora-
tion have been made available to TRW Systems. These studies were per-
formed to define typical performance and design characteristics of motors
sized to the 1971-73 and 1975-77 Voyager mission requirements. It
should be noted that Thiokol did not have a clear understanding of the mis-
sion or the JPL weight constraints. Hence,
inconsistent with those actually obtainable.
information presented that:
the performance values are
A summary of significant
An appreciable weight saving would be realized by using fiber-
glass reinforced plastic rather than titanium as a case material.
The 1971-73 Fiberglass motor weighs approximately 350 pounds
less than the titanium motor.
For the 1971-73 mission, using an aluminized propellant formu-
lation, a motor optimized for minimum weight to provide a
velocity increment of 2.2 km/sec to a payload of 6235 pounds
would weigh initially 9052 pounds, would have an overall length
of 114.6 inches, a diameter of 52 inches, and a mass fraction
of 0.893. The maximum payload acceleration with this motor
will be 3.0 g.
For the 1975-77 mission, using a beryllium propellant formula-
tion, the optimum motor (based on estimated allowable motor
weight limitations and on payload weight of 13, 000 pounds) would
have an overall length of 140.6 inches, a diameter of 52.0
inches, and a propellant weight of i0, 066 pounds for a mass
fraction of 0.91. A velocity increment of 1614 rneters/sec
would be provided at a maximum acceleration of 3.2 g. A motor
of the same initial gross weight, but using an aluminum propel-
lant, would provide a velocity increment of 1539 meters/sec to
the same payload.
Offloaded configurations based on meeting the 1971-73 perform-
ance requirements using the larger size 1975-77 motor hard-
ware were considered. Results would favor the aluminized
propellant motor design for the 1975-77 mission because the
variation of ballistic properties between aluminum and beryllium
would result in a maximum acceleration of 4.6 g for the off-
loaded 1975-77 beryllium motor, when loaded with aluminum
propellant.
Thiokol Technical Report V-65-I0, Vol. I "Technical Analysis of the
Voyager Solid Orbit Injection Motor," I0 Decer_ber 1965.
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• A development schedule is feasible for motors to meet 1971-73
requirements using an aluminized propellant (TP-HII09) and
for motors to meet 1975-77 requirements using a beryllium
propellant (TP-HIII0), including the necessary space storage
qualification tests.
• A preliminary predicted inherent reliability of 0. 9939 and a
recommended design objective reliability of 0.996 or 0.997
was indicated. (These values were not substantiated. )
• For the total program, a budgetary cost estimate of approxi-
mately $7.5 million for 1971-73 motors and $I0. 8 million for
1975-77 motors was indicated. (These values are not consid-
ered to be realistic. )
Although the specific designs shown by Thiokol were not directly applica-
ble to the TRW Systems study because of payload weight variations, para-
metric data presented enabled a comparison to be made of an optimum
Thiokol type motor with the modified Minuteman Wing VI motor for the
1971-73 mission. It should be noted that the Thiokol motor characteristics
closely approximate the JPL solid propellant rocket system design data
and, therefore, should not necessitate additional comment. On the other
hand, the Aeroj eL propellant for the Minuteman application would be cons id-
ered to slightly exceed the specific impulse design guidelines for an alum-
inized propellant. However, the ANB-3066 propellant is currently in
production for the Minuteman and Alcor IA motors and has thoroughly
demonstrated physical and performance characteristics, with the excep-
tion of proven long-term space storage capability.
!. !.4 Selection of Solid Motor
From the previous discussion, it was concluded that no existing
"off-the-shelf" motors are directly applicable to the Voyager mission.
The selection, then, would be between a modified Minuteman Stage II
Wing VI motor and a completely new development.
"Design Data for Candidate Voyager Spacecraft Propulsion Systems,
JPL, 12 November 1965.
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Results of the comparison indicated that, for the same weight alloca-
tion, a custom Thiokol type motor would provide within I per cent of the
total impulse that could be achieved with a modified Wing VI motor. This
is due to the fact that the lower mass fraction of the modified Wing VI
motor is substantially compensated by the higher performance charac-
teristics of the Aerojet propellant. From the standpoint of reliability and
cost, historical data available to TRW Systems indicates that Thiokol's
position may reflect an overly optimistic view.
Similar tradeoffs exist with respect to the Aerojet custom solid
configuration and, further, Aerojet has indicated that higher costs and a
longer development schedule would be involved with a custom motor
program.
It is recognized that a custom motor has many advantages for the
Voyager mission applications, and that the degree of modifications re-
quired to adapt the Minuteman Wing VI motor is considerable. However,
based on all information available, it was decided that the modified
IVinuteman Wing VI Second Stage should be selected as the representative
of the solid-engine class of propulsion for further spacecraft integration
and design studies for the 1971-73 and 1975-77 Voyager mission
application.
i. 2 Midcourse Propulsion and Orbit Trim Alternates
Either a liquid monopropellant or a liquid bipropellant system could
be used to meet midcourse and orbit trim propulsion requirements. How-
eve r, a qualitative evaluation of the s e alternate midc our se propuls ion
system approaches with respect to the JPL Competing Characteristics
criteria reveals an obvious choice. From the standpoint of overall pro-
pulsion reliability and development cost, the monopropellant system
offers a significant advantage. It is inherently less complex and is well
within the state of the art for space application, as recently demonstrated
during the successful Mariner 4 mission. On the other hand, the devel-
opment of a bipropellant system for long term space application requires
significant development. It may be argued, of course, that a complete
development program would not be needed since engines and components
are currently available or under development which could be adapted to
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the Voyager mission requirements. One such bipropellant engine is the
C-I, under development by the Reaction Motors Division of Thiokol,
which is intended for universal space applications. Historical experience
would indicate that the use of qualified components will significantly
reduce the magnitude of the total development program for a bipropellant
system, although the required evaluation and verification of the complete
system and subsystem interactions including feed system, controls, etc. ,
remains an appreciable program. A thorough and comprehensive qualifi-
cation test program, to the operational duty cycle of the particular mis-
sion application, is mandatory, of course, whether components are to be
developed or are currently available.
In addition to the cost and schedule disadvantages of the bipropel-
lant, it was determined that (1) the performance improvement it offered
was not enough to meet any stated requirement for 1971-73 not met by the
monopropellant system, and (2) the reliability assessment of the bipropel-
lant system results in a probability of successful operation inferior to
that of the monopropellant. The performance comparison is included in
the results of Table 3. The solid plus monopropellant system meets the
required orbit insertion z_V of 2. 00 km/sec in 1971-73. While the solid
plus bipropellant produces 2. I0 km/sec, this is still short of the
"desired" value of 2. 20 km/sec. Furthermore the use of a bipropeUant
system enables a solid sized sized for 1975-77 to provide only l 91
km/sec for the 1971-73 missions, so, whether monopropellant or bipro-
pellant is used, the dual solid motor development of JPL alternate (a) is
necessary.
The reliability assessments of Appendix A show probabilities of
success of 949 and. 935 for the solid plus monopropellant and bipropel-
lant, respectively. The difference is attributable principally to the addi-
tional components in the propellant feed system of the latter, and to the
necessity of bellows rather than bladders for use with N20 4 for positive
expulsion. It is not surprising that this difference exists, nor that the
solid plus bipropellant combination is inferior to the alternate based on
the LEM descent propulsion stage. For it is inherently illogical to con-
sider the application of a solid motor concept for the retro-maneuver and
a liquid bipropellant for the midcourse propulsion system, when a single
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bipropellant liquid system of comparable complexity could accomplish all
propulsion functions for the Voyager mission. With this philosophy, fur-
ther consideration of a liquid bipropellant system for midcourse and orbit
trim propulsion was discontinued and the design study effort was devoted
to evaluation of the monopropellant with the solid motor concept.
I. 2. 1 Midcourse Propulsion System Description
A midcourse propuIsion system similar to that selected in the Task
A study was chosen for the combination propulsion concept. Figure 10
shows a schematic of the system, which differs primarily from the Task
A midcourse propulsion system by the provision for a regulated pressure
feed system rather than ablowdown mode of tank pressurization. In Task
A it was estimated that a weight penalty of 18 pounds wouid be incurred by
the utilization ofblowdown pressurization. This was considered to be
justified in view of the inherent simplicity and potentially higher relia-
bility of this approach. However, the weight penalty associated with the
blowdown mode for the current study is considerably higher (160-250
pounds). Also, from the standpoint of tank size, the regulated pressure
system offers a definite advantage with respect to spacecraft installation.
Although the regulated system will be more complex than a blowdown sys-
tem and, hence, subject to more failure modes, by the application of
redundancy and proven components the system will meet mission
reliability requirements. Another major difference with respect to the
Task A design approach is in the use of four engines rather than a single
engine due to spacecraft installation and thrust vector control considera-
tions. The engines are located symmetrically around the solid motor
nozzle exhaust and are fired in opposing pairs, with one pair providing a
redundant mode of operation.
The thrust chamber design is similar to that shown in Figure 7-18
of Volume 5 for the Phase 1A, Task A study report, except that a thrust
level of 100 pounds has been selected. Total burn times for the midcourse
and orbit trim maneuvers will be nominally 1000 and 218 seconds, respec-
tively, at this thrust level. A spontaneous catalyst, Shell 405, is pro-
vided for engine start, thus precluding the complication associated with
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N20 4 start cartridges. Although the suitability of this catalyst for long
space vacuum storage periods has not been demonstrated, currently there
is no evidence to indicate problems for an application such as Voyager.
Thrust vector control is provided by means of motor, driven jet
vanes located at each nozzle exhaust, which deflect the jet as required for
pitch, yaw, or roll. Jet vane actuators of this type are available as
proven hardware and would be expected to provide satisfactory vehicle
control characteristics.
The 43. 6-inch-diameter propellant tanks are fabricated of 6AL-4V
titanium alloy and are pressurized to a nominal value of 250 psia, thus
assuring satisfactory thrust chamber performance. With the Z2.8-inch-
diameter helium bottles pressurized initially to 3000 psia and the system
loaded with 2081 pounds of N2H4, the inert weight of the midcourse and
orbit trim system will be 418 pounds and the total weight will be 2500
pounds. The total weight for 1975-77 will be 3730 pounds.
Other design features of the midcourse propulsion system include:
• Squib valves to enable three separate burn operations, and a
normally-closed squib valve and solenoid valve in series to
enable additional orbit trim maneuvers, if desired
• A quad redundant regulator arrangement for maximum feed sys-
tem reliability
• A collapsible bladder and perforated standpipe for positive
expulsion
• Appropriate pressure relief valves, fill, drain, and vent
valves, filters, and flow control valves to assume high relia-
bility, safety, and operational characteristics in compliance
with mission requirements
• All system joints will be either welded or brazed, to ensure
leakage resistant characteristics compatible with extended
space storage.
1. 2. 2 Midcourse Propulsion System Performance and Operational
Characteristics
A total impulse of 489, 000 lb-sec is provided in 71-73 to enable two
interplanetary velocity corrections totaling 200 meters/sec and one orbit
trim maneuver of 100 meters/sec. Based on the requirement for per-
forming a minimum AV correction of 1 meter/sec during interplanetary
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transit, the minimum impulse bit capability of the system must be less
than 1636 ib-sec at the end of the second interplanetary velocity correc-
tion for the configuration with the flight capsule removed. Four 100-
pound thrust engines would require a square wave burn time of 4. 08 sec-
onds to achieve this minimum impulse bit, which is well within the state-
of-the-art capability for monopropellant systems of this size. Similarly,
the requirement for a AV accuracy of 0. 04 meter/sec can be easily met
with engines of this thrust level.
The approach for selection of the system configuration was based on
results of tradeoff studies conducted during Task A, modified as required
to achieve high reliability and the functional capability for a regulated
system with four engines. All electrical power and sequencing functions
will be integrated with the spacecraft CS and C system. As indicated by
Figure 10, redundancy and operational flexibility are provided by the
arrangement of components. Squib valves provide for a nominal of three
firings and assure minimum leakage during coast. These valves are
supplemented by solenoid valves which also permit improved engine start
and shutdown characteristics.
i. 2. 3 Midcourse Propulsion System Problem Areas
Several potential problem areas exist which would need further
investigation and resolution during the development of the system. These
include :
The effects of prolonged exposure of the Shell 405 spontaneous
catalyst to a space environment wiii require further
inves tig ation
The relatively large fuel tanks require an extensive tank and
expulsion bladder development program
Potential leakage problems associated with the storage of high
pressure helium for prolonged periods.
However, none of these problems would be considered seriously detri-
mental to the application of a monopropellant hydrazine midcourse pro-
pulsion system.
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i. 3 Summary
From the foregoing, the preferred combination solid orbit insertion
and liquid midcourse subsystem would consist of a modified Minuteman
Wing VI Stage llmotor and monopropellant hydrazine system. This over-
all propulsion arrangement would have the following characteristics
relative to criteria enumerated in 2. l through 2.4 of Section Ill:
Probability_ of Success. The reliability assessment of Appendix
A shows a probability of successful operation of the solid motor
system {including its thrust vector control by liquid injection)
of . 9743. The corresponding result for the monopropellant
system for midcourse and orbit trim n]aneuvers is . 9946.
These are relatively high reliabilities for primary and auxil-
iary (vernier) propulsion systems.
Performance. The combination system should meet perform-
ance requirements as stated for the 1971-73 mission. Per-
formance for 1975-77 is considered marginal, even if the solid
motor for 75-77 employs a Beryllium-loaded propellant.
Cost. Although development and ultimate costs for the combi-
nation system would not be a major portion of the entire Voy-
ager program, the cost is the highest of the specified alter-
nates. Appendix B indicates the cost of propulsion system
development to be $36. 2 million, and propulsion system pro-
duction for the 1971 mission _18. 8 million.
Flexibility. The combination system has significantly less
flexible characteristics than a single bipropellant system for
accomplishment of all propulsion operations. Any change to
the solid motor total impulse requirement would seriously
affect the motor design and could require a new motor devel-
opment. Further, variations of total orbit insertion impulse
and/or thrust level to accommodate modified mission objectives
during interplanetary transit are not available as would be the
case for a bipropellant system.
Direct comparisons of these characteristics with the other options
are given in Section VL
2 LEM DESCENT PROPULSION STAGE
The inadequacies of the present LEM descent propulsion stage can
be readily remedied by minor modifications and additions to the system.
These do not require extensive redevelopment or requalification of the
existing hardware. This section describes the basic LEM descent stage,
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identifies basic problem areas and inadequacies, presents a design solu-
tion for overcoming each of the cited problem areas, and describes the
modified LEM descent stage which was eventually selected as the best
choice for the Voyager mission.
Z. 1 LEM Descent Propulsion Stage Description
The Lunar Excursion Module Descent Propulsion Stage (LEMDS) is
a part of the Apollo system. This system is designed to place three men
in lunar orbit, land two men on the lunar surface, and return three men
to earth. The total mission duration is approximately 8 days.
The primary function of the LEMDS is to deorbit and soft-land the
two men and the ascent stage on the lunar surface. A pressure-fed pro-
pulsion system with a variable thrust rocket engine is being developed
for the descent stage. The system uses N20 4 and 50/50 NzH 4 and UDMH
for propellants. Initial flight tests of the LEMDS are scheduled for 1969;
the first lunar landing is scheduled for 1970.
The total weight of the LEMDS is approximately 23,000 pounds, of
which 18, 000 pounds are propellant. The 5000 pounds of inert weight
includes items such as structure, crew environmental and life support
equipment, electrical equipment, landing equipment and electronics, and
the propulsion system. A general arrangement of the existing LEMDS is
shown in Figure ii; the over-all stage dimensions and descent engine
installation technique is presented in Figure I Z.
The propulsion system will utilize either an ambient or a super-
critical helium pressurant storage system. Both systems are undergoing
concurrent development efforts. The four titanium propellant tanks, two
oxidizer and two fuel, are pressurized from a common pressure regula-
tion assembly. Two explosive valves are used to isolate the propellant/
pressurization system during storage. The entire propellant/pressurant
feed system is of welded or brazed construction, except for the propellant
tank outlets.
Cn-off propellant flow to the variable thrust rocket engine is con-
trolled by series-parallel valving. These valves are mechanically-linked
ball valves, utilizing a common pilot actuated hydraulic (fuel) actuator.
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NOTE:
Landing gear shown in
retracted position
1. Aft interstage fitting
2. Fuel tank
3. Engine mount
4. Decent engine
5. Structural skin
6. Insulation
7. Thermal shield
8. Forward |nterstage fitting
9. Ox_dlzer tank
10. Scientific equipment bay
11.Fuel tank
12. Water tank
13. Helium tank
14. Landing radar antenna
15. Descent engine skirt
16° Truss assembly
17. Secondary strut
18. Pad
19. Primary strut
20. Lock assembly
21. Gimbal ring
22. Oxygen tank
23. Adapter attachment po|nt
24. Outrigger
25. Oxidizer tank
26. Hydrogen tank
Figure ii. LEM Descent Stage , General Arrangement
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Propellant flow rate during throttled operation is controlled by variable
area, cavitating venturis. A variable area concentric injector is used to
maintain satisfactory injector hydraulic characteristics over the 10:l
throttling range. The variable area injector and cavitating venturis are
mechanically linked and utilize a common electromechanical actuator for
pos itioning.
The single ablative thrust chamber assembly with a radiation cooled
nozzle extension has an operational life in excess of 1000 seconds. At I05
psia chamber pressure and an oxidizer-to-fuel mixture ratio of I. 6, the
engine develops i0,500 ibf of thrust at an Isp of approximately 305 sec-
onds. Thrust vector control is provided by gimballing the rocket engine
about the throat plane using electromechanical gimbal actuators.
The over-all configuration of the LEMDS was dictated by the Apollo
system requirements of accomplishing a manned lunar landing and return
to earth. The propulsion subsystem reliability is estimated to be in
excess of 0. 9988 for the Apollo mission. This reliability level is achieved
through redundancy of components and conservative design concepts.
LEMDS subsystems and components were also dictated by the
Apollo mission. A major portion of the crew environmental control and
life support water, hydrogen, and oxygen, are located in the descent
stage. Landing gear and portions of the landing radar and electronics are
also contained in the descent stage, as are other specialized electronics,
and scientific equipment designed especially for the Apollo mission. This
equipment is not necessary for a Voyager mission. Propellant settling
and spacecraft attitude control are provided by an attitude control system
located in the L]EM ascent stage, which is mounted above the LEMDS.
2. 2 Applicability of Unmodified LEMDS to Voyager
The LEMDS is designed for a Saturn C-5 launch, thereby simpli-
fying spacecraft structural development. Ample propellant capacity is
available in the existing propellant tanks. The variable thrust rocket
engine assembly provides a I0:i range of thrust levels in addition to an
operational life of over i000 seconds.
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Fundamental differences, however, between the Voyager and Apollo
spacecraft designs and mission requirements, primarily associated with
long life, multiple starts, and booster system interactions preclude the
use of an unmodified LEM descent stage for Voyager. In addition, the
LEM descent stage includes subsystems, such as environmental control,
life support, and communications, which are not required for Voyager.
However, the modifications required to adapt the LEM descent stage are
relatively low cost and low risk development tasks.
2. 3 Problem Areas
When considering the application of the LEMDS to Voyager, specific
problem areas became apparent. These problem areas, as discussed in
the following paragraphs, are:
• Excessive Stage Weight
The 5000-pound LEMDS contains several subsystems that are
applicable in whole or in part only to the Apollo mission.
Existing subsystems such as pyrotechnics, stabilization and
control, navigation and radar, crew provisions and environ-
mental control, landing gear, and electronics must be modified
and/or removed. In addition, certain rocket engine subsys-
tems, such as those required to provide continuous rocket
engine throttling, are not necessary and may either be removed
or replaced by lightweight, less complex units.
• Long Term Space Storability (approximately 1 year)
The present LEMDS requirements specify approximately 45
days operational life in the translunar environment. Although
this storage life is not sufficient for the 7- to 9-month Voyager
mission, system modifications in the areas of thermal and
meteoroid protection to increase storage life in space are
essentially straight-forward, "beefing up" type of modifications.
Stress corrosion in the titanium alloy nitrogen tetroxide tank is
currently a critical problem. This phenomenon is the subject
of intensive investigation, and techniques such as propellant
additives, tank coatings, and tank material substitution, are
being investigated. Whereas demonstration of design adequacy
will require a long and fairly costly program, the risk involved
in the problem is believed to be low.
Propulsion system gas and propellant leakage problems should
be minimal. The LEMDE feed system uses either brazed or
welded construction with few exceptions. The ball type propel-
lant valves which represent the major leakage points in the sys-
tem will be replaced by explosive valves for the Voyager
mission.
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Propellant diffusion into the pressurization system may be a
storage problem; however, the magnitude of this problem
during an extended zero-g exposure has not been accurately
established. The zero-g environment could result in the pres-
surization system lines and check valves being exposed to pro-
pellant liquids as well as vapors for a period of 7 to 9 months.
Under these conditions, propellant diffusion through the check
valves could contaminate the pressurization system. There-
fore, it may be necessary to positively isolate the propellant
from the pressurization system during extended periods of
non use.
Rocket Engine Restart Capability
The existing LEMDE is dependent on the ascent stage reaction
control system to provide propellant settling for zero-g engine
starting. Since the Voyager mission requires engine restart,
it will be necessary to add this capability to the LEMDS.
Thrust Vector Control
The existing gimbal system is designed only to maintain thrust
vector/vehicle center of gravity alignment with the Ascent
Stage mounted above the Descent Stage. The ascent stage
attitude control system orients the entire LEM spacecraft to
keep the descent engine thrust vector aimed in the appropriate
direction. This control technique presents two problems in
applying the LEMDS to Voyager. They are: {I) The existing
gimbal actuators do not have adequate power or response to
perform the vehicle control functions; therefore, actuators
with higher power and faster response are required. (2) For
the Voyager orbit trim after the capsule is removed, the center
of gravity will descendbelow the LEM descent stage gimbal
axes. This makes it necessary to lower the rocket engine
assembly.
Rocket Engine Radiation Heat Flux
The heat flux from the radiation-cooled nozzle extension to the
solar cell array is a potential problem. Solar cell overheating
and subsequent malfunctions could result during the long dura-
tion orbit insertion maneuver. Therefore, it will be necessary
to shield or reduce the heat flux from the engine nozzle to the
solar cell array.
Cold Welding
All components of the LEMDE are designed to operate in the
vacuum environment and will be qualified for the Apollo mis-
sion. However, because of the longer duration of the Voyager
mission, it is anticipated that allmoving components must be
re qualified to the Voyager storage requirements and any new
components must be protected against cold welding.
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2.4 Recommended Modifications and Their Feasibility
The problems identified m the previous paragraphs are solved by
modifying the basic LEMDS. Since the performance capability of the
stage is adequate, changes directed toward performance improvement and
involving additional development efforts or program risks are not con-
sidered. Modifications are recommended only where dictated by Voyager
mission requirements or if significant reliability improvements could be
achieved. In areas where more than one solution was available to correct
a problem, the minimum risk approach is selected.
2.4. 1 Modifications to Reduce Stage Weights
It is feasible and practical to remove LEMDS subsystems that are
not required for the Voyager mission. All life support, landing, and
LEM electronic equipment are to be removed. Propulsion subsystems
not required for the Voyager mission, i.e., components to provide con-
tinuous throttling, are removed and replaced by a lightweight electro-
mechanical actuator for injector pintle positioning. The modifications
result in a weight reduction of 1800 pounds, thus lowering the LEMDS
propulsion system dry weight to approximately 3200 pounds.
The remainingLEMDS hardware represents propulsion system and
structural components only. The structure is required to support the
propulsion system components and is also used for mounting spacecraft
subsystems such as electronics, environmental control, communications,
power supply, etc.
2.4. 2 Modifications to Achieve Long Term Space Storability
Modifying the propulsion system operational sequence, propellant
valving, and the thermal and environmental protection systems as shown
in Volume 2 is recommended to achieve long term space storability.
Using a low pressure blowdown mode of operation for midcourse maneu-
vers reduces tank pressures during the 4- to 8-month interplanetary
cruise phase, thus minimizing stress corrosion problems. The variable
thrust capability of the LEMDE makes this operational mode feasible.
This operational mode has the advantage of allowing positive isolation of
propellant from the pressurization system for a major part of the Voyager
-58-
TRWsvsTeMS
mission. Removing the existing multicycle propellant on-off valves and
incorporating explosive and small solenoid valves significantly reduces
the potential propellant leakage problem. This modification is relatively
straightforward since qualified components are available. Modifying the
existing LEMDS thermal and environmental protection system for the
Voyager mission is also feasible.
The blowdown mode of operation offers a significant increase in
reliability potential. This mode of operation for the midcourse maneuvers
insures that propellant tank pressures remain less than 125 psia for the
4- to 8-month interplanetary cruise. Lower tank pressures reduce the
tank stress levels, and low stress levels are desirable from a stress cor-
rosion as well as an over-all feed system reliability standpoint. Low
storage pressure also minimizes the potential of propellant leakage.
Since pressurization is not required from an external source during blow-
down, the propellant remains isolated from the pressurization system
during the interplanetary cruise. (The existing LEMDS uses explosive
valves to provide isolation during translunar cruise. However, long
term storage is not required during the operational phase. )
The existing LEMDS and LEMDE are especially adaptable to the
blowdown operational mode. The propellant tank capacity is 18,000
pounds and only approximately 12,000 pounds are tanked for the Voyager
mission. Therefore, 33 per cent ullage is available initially. The blow-
down maneuvers {midcourse) consume approximately 1400 pounds of pro-
pellant resulting in a post-blowdown ullage in the order of 40 per cent.
From an initial pressure of 125 psia, the tank pressures decay to
approximately 90 psia resulting in a thrust decay of approximately 20 per
cent {200 ibf). These pressure levels are adequate to provide stable,
high performance with the LEMDE variable area injector positioned at the
low thrust setting. Following blowdown operation when the tanks are fully
pressurized, the correct injector inlet pressures are provided by orifices
in the propellant flow lines.
Low pressure storage of N2(D 4 is the most direct way of minimizing
stress corrosion problems with titanium tanks. This may even prove to
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be an adequate solution, although tank coatings or platings, preliminary
passivation or propellant additives to minimize stress corrosion are pos-
sible further measures to consider.
The alternative of resizing the tanks, while saving weight, would
complicate the valving and plumbing, reduce mission flexibility (for
on-loading), and require more development.
Eliminating the existing LEMDE propellant flow system and using
explosive and solenoid actuated valves is recommended to minimize pro-
pellant leakage problems. Explosive valves provide positive sealing dur-
ing the interplanetary cruise. During orbital operations, the one-half
inch solenoid valves are recommended to provide additional flexibility.
Leakage through these valves during this phase is minimized by the
redundant arrangement of the valves. The fast acting explosive and
solenoid valves are also suitable for the low, repeatable impulse bits
required for the Voyager mission.
The recommended valving arrangement is shown in Figure 13.
Twelve single-squib dual-bridgewire explosive valves (4 through 15) pro-
vide propellant on-off control for three midcourse maneuvers. Four
larger explosive valves (16 through 19) provide orbit insertion propellant
on-off flow. Orbital trim maneuver propellant flow is controlled by two
series-parallel, quadredundant solenoid valve packages (ESF and ESO).
These solenoid valve packages are isolated during the interplanetary
cruise by two explosive valves (20 and 21).
Start tank propellant flow is also turned on and off by quad solenoid
valves (SSF and SSO). Two series-parallel check valve packages {CO and
CF) are located between the engine main tank propellant inlet lines and the
start tank solenoid valve outlets. These check valves have a sufficiently
high cracking pressure to prevent main tank flow into the engine start
plumbing until the main propellants are settled and the start tank flows
are terminated.
Explosive valves are selected over multicycle valves because of
their positive sealing characteristics, low power drain, response, demon-
strated reliability, and off-the-shelf technology. Positive sealing and
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reliability are considered as the most important advantage for the Voyager
mission. Multicycle valves are prone to leakage which may result from
seat damage due to contaminants in the propellants. Also, the multicycle
valves have more points of potential malfunction. For these reasons the
explosive valve is selected as the minimum risk approach toward achiev-
ing reliable propellant storage during the interplanetary cruise.
Solenoid valves are used to provide all engine starts after the mid-
course maneuvers. The rnulticycle feature of these valves provides
increased mission flexibility and allows alternate modes of operation in
event of malfunction of explosive valve firing circuitry or explosive valves.
These valves are arranged in a series-parallel configuration to increase
reliability. They are used for orbit insertion and orbit trim maneuvers,
spanning a comparatively short time interval, so that the mission is not
jeopardized by potential cumulative leakage.
2.4. 3 Modifications to Achieve Rocket Engine Restart
Three possible methods for achieving propulsion system restart
were considered: (1) use of ullage orientation rocket motors fed from
auxiliary positive displacement propellant tanks, (2) use of positive
displacement start tanks located within the propellant tanks, and (3) use
of separate positive displacement start tanks.
Installing positive expulsion tanks employing metal bellows within
one of the two main fuel tanks and one of the two main oxidizer tanks was
selected. This is the minimum weight approach and high reliability is
retained sln_e the internal mounting eliminates the requirements for
separate start tank pressurization plumbing and high pressure (250 psia}
tanks. Also, increased mission flexibility is achieved by sizing the start
tanks to provide more than the eight required restarts. This restart
technique is compatible with both the blowdown and pressurized opera-
tional modes due to the valving arrangement described earlier.
The start tanks are thin wall cylinders with metal bellows. The
bottom of each start tank cylinder is sealed to the respective main tank
aft closure and open at the top. The open top allows the pressure in the
main tank to act directly on the metal bellows. Thin wall start tank con-
struction is satisfactory since the start tanks are located inside the main
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tanks, thus reducing the pressure differential across the start tank wall
toa value of less than 10 psi.
The internal start tanks are located on the main tank aft closures
and are installed in a similar technique to that used for installing the main
tank baffles. Although the tank internal configuration is essentially unaf-
fected, it is necessary to provide an additional outlet port on the main
tank closure for the start tanks. However, this modification is straight-
forward. The balance of the start tank plumbing is described in the pre-
vious section (see Figure 13).
Other techniques to achieve restart require extensive development
efforts, thus increasing over-all program costs and risks. A separate
propellant settling reaction control system adds increased cost and sys-
tem complexity. Even if the existing ascent stage attitude control system
were adapted to the Voyager mission, the over-all system reliability
would be degraded due to the additional number of components, i. e. ,
valves, regulators, engines, etc.
It is also possible to locate the start tanks externally, in the space
provided by lowering the rocket engine. This approach, llowever, results
in aheavier system due to the high pressure (250 psia) tanks. The high
pressure storage degrades system reliability, since both the internal and
external tanks would employ the same bellows expulsion technique to take
advantage of developed technology. The external tanks would require a
pressure supply system which would also tend to degrade system relia-
bility when compared to the internal configuration.
2.4.4 Provision for Two-Level Thrust Operation
With the removal of the actuating control mechanisms for continuous
throttling capability, a lightweight actuator is introduced for two-position
injector pintle positioning. This saves weight and increases reliability
without sacrificing operational flexibility for Voyager requirements. The
two thrust levels selected are i050 and 7750 pounds. The lower level,
the lowest achievable by the LEM descent engine, is chosen to provide the
smallest impulse bit and the smallest nonproportional shutoff error to
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meet the needs of the Voyager midcourse and orbit trim maneuvers. The
higher level, less than the 10,500-pound maximum of the engine, is cho-
sen to limit the maximum deceleration during orbit insertion to 1 g, to
simplify appendage mechanical design, while maintaining high perform-
ance of the engine. (The Ispat 7750 pound thrust is no less than at 10,500
pounds.,) Total operatingtime for Voyager, using these two thrust levels,
is below the engine design lifetime of 1200 seconds.
2.4. 5 Modifications to Reduce Rocket Engine Radiative Heat Flux
Replacing the existing LEMDE radiation cooled nozzle extension
with an ablative extension is recommended to reduce the radiated heat
flux. The ablative nozzle does not require any moving parts as would
deployable radiation shields. This approach also provides the capability
of simply extending the ablative portion of the existing nozzle divergent
section, heat flux levels permitting, and using a section of existing radia-
tion nozzle to reduce system weight.
The ablative extension is attached at the same point and has the
same internal contour as the existing radiation extension. Refrasil
phenolic ablation material and a fiberglass overwrap will be used. Stand-
ard fabrication techniques developed on other engines of the LEMDE
thrust class, e.g. , the LEM ascent engine, are satisfactory for this
mod [fic at ion.
Other techniques available for reducing the heat flux represent
nL_._, approaches. Th_ _nlar c_ll array must be protected from
high heat loads, yet exposed to solar radiation. This necessitates some
form of moveable shield; the moving shield requires actuators and would
have sliding surfaces. Reliability is degraded by adding multicycle
actuation systems and protecting external sliding surfaces from cold
welding in the vacuum environment. Packaging the shield would also be a
problem. Modifying the engine affords the most practical technique to
reduce the radiated heat flux.
The all-ablative extension is recommended at this time A more
detailed thermal analysis may show that only a small part of the existing
radiation extension must be replaced, or that insulation or stand off
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shielding to the existing extension is adequate. Until additional data are
generated however, the all-ablative extension recommendation repre-
sents the conservative approach.
Z. 4. 6 Modifications to Provide Thrust Vector Control
Two modifications are recommended to provide thrust vector con-
trol. The low power gimbal actuators are replaced by higher powered
units and the rocket engine assembly is lowered approximately 36 inches.
The higher powered actuators provide the required gimbal rate and
acceleration; lowering the engine prevents the stage center of gravity
from passing through the engine gimbal plane.
These modifications are straight forward and do not represent
development risks. Actuator technology is well developed and lowering
the engine primarily involves engine mount structure and propellant inlet
plumbing changes. The existing LEMDS structure is not affected since
fortuitously it is already strengthened at the new attach points.
2.4. 7 Modification to Ensure Against Cold Welding
The existing LEMDS design and previous modifications eliminated
the cold welding problem. The LEMDS is designed for extended vacuum
operation in a translunar environment, and modifying the propellant
valving and removing the throttle valves eliminated a major portion of the
mechanical linkage exposed to vacuum. The electromechanical actuator
recommended for positioning the injector pintle is mounted directly on the
injector and installed in a sealed metal container.
The only remaining propulsion system moving components that are
exposed to vacuum are gimbal components. These items will be flight
qualified for an environment of 1C -14 mm Hg, which is similar to the
trans-Martian environment. Therefore, the probability of cold welding
problems in the recommended propulsion system is essentially non-
existent.
2. 5 PERFORMANCE POTENTIAL OF THE MODIFIED LEMDS
A modified LEMDS has a performance potential in excess of that
required for the Voyager mission. The recommended Voyager system
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has aAV capability in excess of 3400 meters/sec if fully loaded. Mini-
mum Voyager propulsion requirements of 2300 meters/sec are obtained
by off-loading propellants.
The performance capability estimate is based on using the existing
LEMDE injector and thrust chamber in a stepped thrust operational mode.
The present LEMDE is capable of continuous throttling over a i0:i thrust
range and, as a result, is readily adaptable to steady-state operation at
selected thrust levels within the 10:1 range. For the Voyager mission,
the injector will be positioned at a nominal 1050-pound thrust setting for
the midcourse and orbit trim maneuvers, and at 7750 pounds for the orbit
insertion maneuver. The average delivered Isp for this operational mode
is greater than 302 seconds, with 9654 pounds of propellant consumed
during high thrust operation (Isp = 305 sec), and 1720 pounds consumed
during the low thrust operation (Isp = 290 sec).
Figure 14 presents the AV capability of the modified LEMDS as a
function of total system launch weight {excluding the planetary vehicle
adapter) based on an average delivered Isp of 303 seconds obtainable from
the usable propellants The additional _V capability, in excess of that
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required for the Voyager mission, provides a significant degree of mis-
sion flexibility. This increased mission capability is due to the oversized
propellant tanks available on the LEMDS and the extended burn duration
capability of the LEMDE.
The minimum impulse bit capability of the modified propulsion sys-
tem is essentially dependent on the manifold volumes, vehicle control
system sensing and command equipment, and valve response times.
{Approximately 1.4 pounds of propellant are trapped below the propellant
valves. The explosive and solenoid valves allow only a negligible amount
of propellant, 0.03 to 0.07 pound, to flow into the engine after thrust
termination commands. ) Although the LEMDE minimum impulse bit has
not been demonstrated, a minimum impulse bit well under the 950 pound-
seconds, required for I meter/sec AV manuevers after orbit insertion,
should be easily attainable. The fast response valving also provides an
estimated 75 pound-second (3_) impulse repeatability.
The effect of this 75 pound-second nonproportional error on the
accuracy of velocity corrections is shown in Figure 15 as a function of
vehicle weight.
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Z. 6 Summary
Although the existing LEMDS must be modified to accomplish the
Voyager mission, the more expensive LEMDS subsystems and components
are satisfactory for use on the modified stage. The modifications that
are required primarily involve minor system components and represent
little development risk. A major portion of the cost of developing a
Voyager propulsion system from the basic LEMDS will be associated
with verification testing and requalification efforts.
Reliability is an important factor in configuring a Voyager space-
craft. The over-all reliability potential of the modified LEMDS is adequate
for the Voyager mission. High reliability, currently estimated at 0. 9988
for the Apollo mission, is achieved by component redundancy and design
simplicity: these features are emphasized in the recommended modifica-
tions. Also, each recommended modification was selected with reliability
and minimum development risk as the primary selection criteria.
Appendix A presents two assessments of the LEM descent propulsion stage
as modified for Voyager. One, using Grurnman failure rates and analytical
methods as applied to the Apollo mission, gives a probability of success
(for the propulsion subsystem, including engine gimbals, in the Voyager
mission) of 0.9913. A second, based on FARADA and TRW failure rates
and TRW analytical methods, gives 0 9678. The latter figure may be
more meaningful comparedwith the probabilities of success of the other
alternate systems, and is, we belive, more realistic.
The minimum risk philosophy is especially important in the Voyager
program since the available launch periods are fixed. The minimum risk
philosophy and extensive use of existing hardware significantly reduce the
possibility of development program schedule slippages or funding overruns.
In all cases, the modifications can be implemented with existing hardware
or technology. System development efforts will primarily involve com-
ponent integration, verification, and qualification efforts.
A Voyager mission also imposes severe storage requirements on
spacecraft design. The existing LEMDS is inherently suited to long term
space storage. With few exceptions, allpressurant and feed system joints
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are of brazed or welded construction. The modifications recommended
improve the basic storability of the LEMDS by providing positive sealing
propellant valving and low pressure propellant storage during the inter-
planetary cruise. The differences between the trans-lunar and trans-
Martian environments require only minor stage modifications to accomo-
date the 4- to 8-monthEarth-to-Marstransittime plus a nominal 6-month
period of orbital operations.
The recommended system also maintains the LEMDS design philos-
ophy of redundant operational capability in event of a component malfunction.
With the exception of the explosive valves (which have dual bridgewires)
and the injector pintle assembly, any one moving part could malfunction
without degrading the mission. Even an explosive valve failure can be
circumvented by the presence of the solenoid valves normally used only
during orbit trim. If the midcourse explosive valves or valve firing
circuitry should malfunction and fail to open, the solenoid valves could be
used for these maneuvers.
With the recommended modifications, the system is capable of a
total velocity increment in excess of that required for the Voyager mission.
Minimum velocity capability and accuracy are also within the limits imposed
by the Voyager mission. In addition, the oversized propellant tanks and
long burn duration capability of the LEMDE allow the basic Voyager space-
craft to accomplish more ambitious future missions. For theVoyager or
other missions, the maximum possible flexibility is achieved in the use of
propulsive capability because of the single engine, the dual thrust level,
and the propellant supply which is common for all propulsion operations.
The costs involved with modifying the LEMDS are considered to be
modest in terms of the Voyager program total cost. Recommended
modifications utilize state-of-the-art technologies, and the high develop-
ment cost LEMDS components are used as is. These features not only
result in a lower cost program but allow realistic cost estimations to be
made. In Appendix B, the costs associated with the use of the LEM descent
stage as the Voyager propulsion subsystem include $20.0 million for
development and $16.9 million for production of nine units for the 1971
mission. The total propulsion system cost is considerably lower than that
of any of the other alternates.
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3. TR_ANSTAGE PROPULSION STAGE
This section describes the current Titan III-C Transtage; identifies
several significant problem areas associated with the Transtage, proposes
design solutions to adapt the Transtage to Voyager requirements; and
defines the modified Transtage configuration which was used in the system
comparison. The use of Transtage in an unmodified version or with
minimum modifications was ruled out of serious consideration because of
a combination of shortcomings which in the aggregate would require ex-
tensive design modifications and development to meet minimum Voyager
requirements.
3. 1 Transtage Propulsion Stage Description
The Transtage is the third stage of the Titan III-C standard space
launch vehicle. It is i0 feet in diameter and 15 feet long. Total wet
weight is 25, 338 pounds, and the propellant tank capacity is Z2,874
pounds.
The Transtage is composed of two modules: a propulsion module
and a control module. The control module, which weighs 2494 pounds,
is located forward of the propulsion module. It contains the inertial
guidance system, the reaction control system, power sources, separation
and destruct systems, environmental control groups, and telemetry. The
control module is approximately 56 inches long. It attaches to the pro-
pulsion module at Station 133.6. The control module slips over the main
propellant tanks of the propulsion module.
The Transtage attitude control system consists of two clusters of
three ablative-cooled chambers, termed the yaw-roll modules, and two
single aft pointing nozzles. One nozzle of each of the three-chamber units
points aft, providing four 45-pound thrust rockets for propellant settling
and pitch and yaw control. The reaction control system propellants are
contained in positive-expulsion tanks which use a Teflon bladder to separate
the pressurizing gas from the propellants. Two 25-pound thrust chambers
of each three-chamber unit are mounted in opposition and fire tangentially.
These Z5-pound thrust chambers are used in opposite pairs for roll control
and in like pairs to augment pitch control during powered flight.
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The control module is approximately 56 inches long. It attaches
to the propulsion module at station 133.6. The control module slips
over the main propellant tanks of the propulsion module.
The two main engines are rated at 8000 pounds. The nominal
operating pressure is 100 psia and the nominal mixture ratio is 2.0.
Propellants are nitrogen tetroxide and Aerozine 50. The rocket
engines are gimballed _:6 degrees to provide control during powered
flight. The main engine gimbal is an annular ring mounted around the
throat of the engine and attached to the engine and the Transtage thrust
mount by flexural pivots. An actuator displaces the engine with respect
to the flexural pivot to provide yaw. For pitch, the gimbal ring is dis-
placed relative to the Transtage. Hydraulic fluid is provided to the
actuator from an integrated motor-pump-reservoir hydraulic unit.
Power is provided to the electric motor from batteries located in the
control module.
The propellant is contained in two cylindrical titanium tanks with
elliptical forward ends and conical bottoms. Propellant is trapped in
the conical bottom by means of a dual check valve in the false bottom of
the tank to provide a trap for the propellant for multiple zero-gravity
restarts. However, this feature has not been demonstrated in flight, and
the attitude control motors are fired to ensure propellant settling prior to
main engine ignition.
3.2 Applicability of Unmodified Transtage to Voyager
The significant problem areas, which individually do not pose
insurmountable obstacles, but which considered collectively indicate
the need for considerable development are: long term storability,
minimum impulse bit capability and predictability, structural problems
associated with basic stage diameter, and transient control problems of
multiple engine systems. These problem areas as related to the use of
Transtage for Voyager are discussed below.
3.2. 1 Long-Term Storability in Space (-i Year)
The present Transtage was designed for 6-i/2 hours storage in
near earth orbit. However, the problems of 30-day storage have been
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studied by the Martin Company and certain design changes were recom-
mended. These changes have been tested in ahigh vacuum orbital
simulator to obtain equilibrium temperatures in near earth orbits (but
without constant sun orientation). Recommended design changes consisted
of basically changing the composition and geometry of the external paint
patterns, addition of a shroud to the aft end, and removal of various insu-
lations. On the basis of this effort it was concluded that long-term
thermal control can be achieved with relatively minor changes.
An additional factor in long-term storability is the question of
stress corrosion of titanium alloy 6AL-4V in nitrogen tetroxide, a prob-
lem which has been experienced in recent stress corrosion experiments.
Detailed experimental investigations at Martin have resulted in the con-
clusion that there will be no problem in this regard for periods up to 8
hours, and presumably longer on the Transtage. However, there is
considerable evidence from other programs which indicates that this is
a very serious problem and considerable development may be required
before a reliable solution is demonstrated.
The Transtage propulsion system is designed with many mechanical
joints which are potential sources of leakage. In addition, each of the
components is a potential leakage point. Tables 4 and 5 give 30-day leak-
age rates that are allowed by specifications at the present time. Existing
test procedures verify that these rates have not been exceeded. It can be
seen from the data in the tables that 1-year storage would result in con-
siderable gas and liquid leakage primarily through the mechanical joints
in the system.
3.2.2 Minimum Impulse Bit and Accuracy
The present minimum impulse bit is 5000 _i050 ib-sec of impulse
per chamber. This impulse would result in a minimum _V correction of
approximately 4.8 ± 1.0 meters/sec for the 1971 Voyager vehicle and
3.4 ± 0.7 meters/sec for the 1975 vehicle. Since these values are far
too high for midcourse corrections, the use of auxiliary motors are a
requirement.
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Table 4. Transtage Maximum Helium Leakage Rates, Main
Propulsion System (Based on Specification Values)
De sc ripti on Quantity
Total 30-Day Leakage
(Ib)
Mechanical joints 33 Z. 8293
-2
Valves 5 0. 1963 x i0
-2
Filter 2 0. 122 x i0
Storage sphere, -2
launch limit switch 1 0. 0129 x 10
Total 2. 8403
Table 5. Transtage Maximum Propellant Leakage Rate, Main
Propulsion System (Based on Specification Rates)
De sc ription Qu anti ty
Total 30-Day Leakage
(Ib)
Fuel Oxidizer
Mechanical joints
Burst disks
Thrust control valve
23 71. 14 73.22
4 0. 429 0. 542
2 6.92 8.64
Total 78.49 82.40
3.2.3 Excessive Stage Weight
Certain systems within the Transtage either are not applicable for
the Voyager mission because they are peculiar to the Transtage mission
or they are excessive in capacity. These iter_s are:
Propulsion module propellant capabiiity. The present tank
capacity is approximately 23,000 pounds of propellant,
whereas only approximately 12, 000 pounds are required for
the Voyager mission, therefore, the tank volume and the
pressurizing system volume are oversized for reduced pro-
pellant volume s.
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3.2.4
Control module propellant capability. The attitude control
system contains approximately ll5 pounds of usable pro-
pellant which is used for propellant settling and attitude
control. Attitude control for the Voyager will be provided
by gas jets which are part of the guidance package, but
the control module propellant will be necessary for all
propulsion system starts, and for providing low shutoff
errors for midcourse and orbit trim maneuvers.
Inapplicable systems. The Transtage vehicle contains all
subsystems required for its particular mission in space for
periods up to 6-1/2 hours. Those systems which could not
be used for Voyager are the separation and destruct system,
environmental control system, guidance, power generating,
and instrumentation system_.
Diameter Difference Between Transtage and Spacecraft Bus
Since the diameter of the Voyager spacecraft is 240 inches and the
diameter of the Transtage is 120 inches, considerable structure will have
to be added to accommodate the Transtage vehicle.
3.2.5 Multiple Engines Versus Single Engine
The two thrust chambers which produce a total of 16,000 pounds of
thrust are not actually required for the Voyager mission. Elimination of
one of the thrust chambers poses problems in the design of a mount
structure and a feed system. However, it would tend to give advantages
in cost reduction, weight reduction, and increased reliability.
The multiple engine system also poses certain control problems
which have to he considered. These are differential starting times and
impulses and differential shutdown impulses. The system would, however,
have an advantage in that roll moments could be corrected by differential
movement of the chambers.
The single engine system would not impose vehicle tumble movements
due to differential impulses but it would impart a roll movement to the
vehicle which would have to be corrected by an attitude control system.
However, changing the Transtage structure to the single engine configura-
tion would require extensive structural redesign and an increase in stage
length.
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3.3 IKecommended Modifications and Feasibility
The preceding section dealt with the problems of the unmodified
Transtage in its applicability to the Voyager mission. The subsequent
paragraphs consider the problems associated with adapting a modified
form of the Transtage vehicle and recommended solutions.
3.3. 1 Long Ter m Storag e
In adapting the Transtage to a 1-year journey in space, certain
items in the design would require particular attention since as it has pre-
viously been stated Transtage space storability is limited to 6-1/2 hours
in earth orbit. Those items which would require particular attention
include :
• Mechanical joint leakage (gas and liquid)
• Propellant valve leakage (liquid)
• Meteoroid and thermal protection
• Fuel contamination from overboard dump which bleeds control
cavity in fuel-actuated main propellant valve
• Cross contamination of propellant through reverse flow past the
pneumatic check valves in the pressurizing line. This condition
applies to both the main propulsion module and the control
module rocket engine feed systems
• Teflon bladders in control module propellant tanks
• Compatibility of tank material.
It has previously been shown that long-term leakage through
mechanical joints would be a problem on Transtage. This problem has
been recognized by the Martin Company and a solution proposed wherein
selected plumbing joints would be brazed or welded to minimize leakage.
In addition, test procedures could be changed such that leakage tests
would be conducted at higher pressures maintaining allowable leakage
rates constant.
Leakage through the main propellant valves, however, poses a
difficult problem. The possible solutions would be either to accept the
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16.3 pounds/month possible leakage or replumb the engine using explosive
valves in a manner similar to the flow schematic (for a single thrust
chamber) in Figure 16.
(
Figure 16.
PROPELLANT INLET
PRESENT BIPROPELLANT VALVE
l--J
/" N°RMALL¥
-- TT T VA W
TO INJECTOR
Proposed Revision to Transtage Main Propellant Valves
This plumbing arrangement would seal off the main bipropellant
valves with normally closed explosive valves and use the parallel banks
of series explosive valves to perform the first three starts required
(nominally two midcourse maneuvers and a retrofiring to orbit Mars).
Subsequent maneuvers would then be performed by the present valve
system whenever the normally closed explosive valves were actuated.
The disadvantages to this system are that the present bipropellant valve
is mounted atop the injector and a major revision in the mounting
arrangement would be required, particularly in view of the fact that the
present line sizes on the single engine are 1-3/4 and I-I/Z inches.
Banks of explosive valves this size pose considerable packaging problems.
A conventional series design of an integral normally open and normally
closed explosive valve would weigh approximately 4 pounds and have a
size approximated by a cylinder 8 inches long and 4 inches in diameter.
It is conceivable that some reduction in explosive valve size would be
possible by allowing some throttling through higher pressure drops
associated with smaller valve sizes. However, i/Z-inch squib valves,
for example, would cause the engine to be throttled down to 53 psia and
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operation of the engine at this thrust level would be unacceptable. It
would be expected that some tradeoff would be possible such that explo-
sive valve size might be reduced to somewhere around an inch.
It should be mentioned that inclusion of explosive valves in a feed
system adds some design problems which are inherently associated with
rapid valve actuation. These phenomena are pressure surges at shut-
down caused by rapid valve closure and thrust overshoot at start caused
by rapid valve opening and the large pressure differences which accelerate
flow.
The pressure surges at start and shutdown can be predicted and
they generally require increasing wall thickness; the thrust overshoot
generally can be overcome by strengthening thrust structure and mount-
ing points. However, the oscillations produced by starting transients
sometimes produce an instability within rocket engines which is difficult
to predict and correct. The best approach to this problem is to test the
engine over a sufficient number of trials to observe stability and then
apply conventional techniques in a trial and error fashion.
Meteoroid protection and thermal control devices would be
removed from the present systen and a new design proposed, since
the present system would be inadequate and the revisions to date
consider only 30-day storage. Description of the meteoroid and ther-
mal controls required on the modified system can be found in 5.3 of
Section V. This item is not considered to be a problem peculiar to
Transtage; however, detailed analysis and verification testing would
be required for the final design proposed.
The bipropellant valve exhaust fluid (fuel) is piped overboard
through a dump line. This configuration would require the addition
of a normally closed squib in order to reduce leakage. Once the sys-
tem is activated, it is not expected that the fluid ejected would be a
problem. Any fluid ejected into space would freeze due to flash
evaporation at the pressure of 10-13 mm of mercury which exists in
interplanetary space, and the addition of a low pressure drop check
valve at the end of the line would provide sufficient pressure so that
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freezing would not occur in the overboard line. An alternate solution
to this problem would be to provide an accumulator into which the
fluid could be injected.
In each of the rocket engine pressurizing systems, there is a
possibility of cross contamination of the propellant tanks because of
the common pressurizing system used to pressurize both propellant
tanks. In the main propulsion system two series check valves are
used in combination with an internal screen and diffuser to prevent
reverse flow. It was judged that this system would be sufficient to
prevent reverse flow. Quad check valves were not considered because
of the low probability of failure of a check valve in the closed position.
The propellant settling rocket engine system however has single
check valves in the pneumatic lines to prevent cross-contamination.
These would be considered inadequate for the Voyager mission, if the
three-ply bladder provided in the fuel tank and the two-ply bladder in
the oxidizer tank were retained, because it is a well established fact
that diffusion of propellants does occur through Teflon until equili-
brium vapor pressure has been established on the other side of the
bladder. However, because of this permeability of Teflon and the
fact that its ability to maintain structural integrity in the presence of
NZO 4 for the long periods of the Voyager mission has not been ade-
quately demonstrated, conversion of the ullage rocket propellant tanks
from bladder expulsion to bellows expulsion is recommended. This
results in an ixnproven_ent in inherent reliability, but it incurs a
small weight penalty.
The remaining problem to be considered in long term storage
in space is the question raised regarding the possibility of stress
corrosion of titanium in nitrogen tetroxide, in particular the alloy
6AL-4V. A review of recent literature has shown that failures have
occurred at Bell Aerospace Systems due to stress corrosion.
However, tests at the Martin Company at 105,000 psi stress for up
to 30 days have not duplicated these results.
The problem is still being evaluated, based on nitrogen oxychlo-
ride concentration as the trace ingredient causing the corrosion, with
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the concentration being a function of the manufacturer. For purposes
of this study it was assumed that future results would show that there
is no compatibility problem. In the event there is a serious problem
a vent system or some means of internal protective coatings would be
developed to protect the tanks.
3.3.2 Solar Cell Heating
The present Transtage rocket engine has a radiation skirt that
would irradiate the solar cell panels with a maximum heat flux of 220
BTU/min-ft 2. Energy levels of this n_agnitude incident on the solar
cell panel would raise the internal temperature beyond the acceptable
operating limits as has been shown in Appendix C, which presents an
analysis of the problem. In order to eliminate this incident radiation,
the thrust chambers were modified by replacing the radiation skirt
with an ablative extension at an estimated weight increase of 118 pounds
per thrust chamber. An alternate solution to this problem would be
either to store or shield the array. The alternate solutions were
rejected because shielding poses problems in raising the radiation
skirt wall temperature through reradiation effects and storing the
array complicates the maneuvers and adds weight in mechanisms
required.
3.3.3 Minimum Impulse Bit
Attaining the minimum _V of 1 +0. 1 meters/sec requires use of
present 45-pound thruster control system of the Transtage. Use of this
system would allow AV corrections as small as 1.3 x 10 -4 ±1.9 x i0-5
meters/sec. It would be used for all corrections up to that AV resulting
from the minimum impulse bit of the main engine, which is approximately
3-5 meters/sec, depending on the gross vehicle weight.
Three midcourse corrections were established as a design criterion
and, assuming the main engine system could only produce a minimum
_V of 5 meters/sec, then maximum single firing duration of the 45-pound
modules would be approximately 56 seconds and the total accumulated
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firing time would be 168 seconds. This duration is well within the 300-
second minimum life with sufficient margin remaining to offset the fact
that the lifetime is based on a maximum single firing duration of 30
seconds. In adapting attitude control to Voyager vehicle four pitch
modules would be used and the yaw-roll module would be eliminated.
3.3.4 Excessive Propellant in Propulsion Module
Since the Transtage propellant tanks are approximately twice the
capacity required for the Voyager propellant load, a weight savings was
possible by reducing the volume of the propellant tanks and eliminating
one of the two i0.25 ft3 spherical pressurant tanks.
This change can be accomplished conveniently because the pro-
pellant tanks are fabricated from separate sections. In order to contain
12,000 pounds of propellants one could shorten the forward oxidizer tank
15.3 inches and the fuel tank 31 inches. This reduction in propellant
tank volume not only would reduce tank weight but it would also allow
removal of one helium sphere and its attendant hardware. The 18-inch
cylindrical spacer between the two 4-inch load rings would be retained
for torsional rigidity when adapting the iZ0-inch-diameter Transtage to
the 240-inch spacecraft bus. Prepressurization of the propellant tanks
will be required in order to reduce the number of pressurant spheres;
however, prepressurizationhas been a part of the normal operating pro-
cedures and it would not represent a change.
3.3.5 Zero-g Starts
In starting the Transtage vehicle in space, where the location of
the propellant becomes dependent on geometry and surface tension
effects, the yaw and pitch rocket engines are normally fired for i0
seconds producing 1800 ib-sec of impulse, before starting the main
engine. Use of this technique ensures that propellant is maintained at
the bottom of the tank and it is intended as a secondary precaution
even though an elaborate trap and double check valve system is provided
at the bottom of the Transtage propellant tanks. In adapting the
Transtage system to the Voyager this system would be maintained.
The reasons are that the present attitude control system has previously
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been shown to be required for minimum AV magnitude and accuracy
requirements and therefore the use of this system requires only additional
propellant since the hardware is already available. Alternates to this
approach would be either to use the present trap arrangement which would
require detailed evaluation, or to provide a start tank system, or to
provide capillary devices to orient the propellant. These latter approaches
would all be more expensive, more complicated, and would probably
result in more weight than the 48 pounds of propellant required for eight
zero-g restarts.
Note that the 45-pou_nd thrust chambers are required for starting
for all propulsive maneuvers. In addition they are required for the
termination of all normalmidcourse and orbit trim maneuvers, to keep
the shutoff error low enough. However, these engines do not have enough
life to produce all the thrust for the midcourse maneuvers of greatest
velocity increment. Thus, for at least hhe first midcourse maneuver,
and possibly some orbit trim maneuvers, it would be necessary to
operate the main and auxiliary engines simultaneously, with the main
engines shut off before the auxiliary engines. Although this complicates
the guidance and control functions associated with propulsive maneuvers,
it is the only way the Transtage can be used to provide for the Voyager
requirements of _V magnitude and accuracy for all maneuvers without
exceeding engine operating life limits.
3.3.6 Two Engines Versus One Engine
In considering adapting the main propulsion unit to Voyager, both
of the 8,000-pound thrust chambers were used along with their mount
structure. It would have been desirable, of course, to eliminate one
of the chambers in order to reduce the minimum impulse bit and the
nonproportional error and also to increase system reliability, since the
two-chamber system requires functioning of both thrust chambers.
Additional simplification would be achieved in the plumbing and electrical
systems and vehicle acceleration, that would be a maximum of approxi-
mately 2.5 g's with the 16,000-pound system, would be halved in the
8,000-pound system. This last factor, acceleration, is significant in
relation to the inertia loads which would be carried by the truss network
supporting various appendages such as antennae and solar cell panels.
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A disadvantage of the single engine system concerns the geometry
of the present mounting system. In the present system both chambers
are mounted interstitially between the two propellant tanks and side loads
are transmitted through an interconnected trusswork to the outer shell.
Mounting a single engine would require lowering the engine sufficiently so
that it could be mounted concentrically to the vehicle centerline. It would
then be necessary to design a new thrust mount or adapter system which
would be sufficiently stiff to carry the gimballing loads. However, even
the single 8,000-pound thrust chamber would have too large a minimum
impulse bit to achieve i meter/sec minimum _V and the maximum accel-
eration would be 1.2 g's. The advantages of a single engine would
include simplicity, cost reduction, and weight reduction, though increased
costs associated with a new mount and inlet ducting would be an attenuating
factor.
An alternate solution to the problem of large impulse bits could be
attempted by lowering the chamber pressure. This would lower the thrust
level and in all probability lower the magnitude of the minimum impulse
bit. If one assumes a square relationship between minimum impulse bit
and thrust level,;:_ then the thrust required would be 1392 pounds, a value
which would require a reduction in thrust of ll. 5:1 for two chambers and
5.75:1 for a single chamber. Since flow rates for such a system are
approximately directly proportional to thrust, system pressure drop
would be 0.5 psi for the two-chamber system and 2 psi for the single-
chamber system. Obviously at these low pressure drops combustion
efficiency would deteriorate and the analogy would break ........_ ....(.D.UWJ.J., _1_%_'cve_ ,
the point of the argument is the same: that is, pressure drops will vary
directly proportional to the square of thrust level; therefore the engine
could be sufficiently sensitive or conditionally stable to combustion per-
turbations such that instability could occur if it were throttled to low
thrust levels.
The single engine system was rejected because it was judged that
the loss of reliability imposed by abandoning a current development (the
"::This can be shown if one assumes constant pulsing specific impulse,
constant valve opening time, and that priming of plenum volumes never
occurs.
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two engine system) and initiating a new development (the one engine
system) with the attendant disadvantages of schedule risk and reduced
test history outweighed the potential gain in realiability due to increased
simpli city.
A blowdown mode of operation was not considered for Transtage
evcn though such a scheme is possible over some finite range of operation.
It was assumed a priori that the engine was not throttable without exten-
sive testing and/or modification to the fixed area injector.
3.4 Performance Potential of Transtage
The total usable propellant contained in this modified Transtage
propulsion system is 115 pounds in the ullage rocket feed system and
ii, 761 pounds in the main propulsion.
The performance potential for this system using JPL allocated
weights is shown in Figure 17 in which the ideal velocity increment
(AV) is plotted as a function of propellant consumed. The maximum
obtainable velocity increment is 2581 meters/sec for the 1971 Voyager
vehicle and 1604 meters/sec for the 1975 Voyager, assuming all the
i1,846 pounds of propellant consumed, no capsule separation, and
neglecting the loss of 30 pounds of gaseous material which is the product
of decomposition of the resin in the thrust chamber ablative material.
These performance figures are also computed, predicated on the assump-
tion that propellant used by the ullage rocket system changes the mass
ratio insignificantly and that it adds a negligible amount to the velocity
increment of the vehicle. The propellant weights required for the mid-
course corrections and orbit trim maneuver are 1356 and 300.5 pounds
for the 1971 mission and 1885 and 579 pounds for the 1975 mission.
Subtracting this propellant from that available and computing the result-
ant performance available for orbit insertion produces _V of approximately
2281 and 1304 meters/sec for the 1971 and 1975 missions, respectively.
If no orbit trim maneuver were conducted before capsule separation,
then the propellant required for the 100 meters/sec velocity trim would
actually produce 146 and 236 meters/sec for the 1971 and 1975 missions.
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The minimum _V obtainable from the ullage rocket propellant is
shown in Figure 18 as a function of propellant consumed, assuming con-
stant vehicle masses of 20, 500 and 28,500 pounds. Since a maxin_um
of 42 of the 115 pounds of propellant is set aside to settle the propellant
in the main tanks, the difference can be used to provide _V either in
transit to Mars or in orbit. If it were all used in orbit after capsule
separation and without simultaneous main engine operation, then the
available AV would be 36 and 31 meters/sec corresponding to the 1971
and 1975 missions.
For maneuvers in which the main engines are fired, the minimum
magnitude of the velocity increment ranges from 4.8 to 17.8 meters/
sec in 1971-73, depending on vehicle weight at the time of the maneuver.
(The corresponding figures for 1975-77 weight allocations are 3.4 and
10.3.) Also, main engine firing introduces a nonproportional error due
to engine shutoff of_%_l. 0 to _+_3.7 meters/sec (3u), unless the termination
of the ullage rockets is after main engine shutoff. (The figures for 1975-
77 are _+0.7 and _+3.2.)
3.5 Summary
After reviewing the potential problem areas and considering the
advantages and disadvantages of alternates and modifications, the system
shown in Figure 25 was configured. This configuration consists basically
of the main propulsion module of the Transtage with the propellant tanks
reduced in volume and off loaded, and with a different environmental
control system. The thrust chamber would require modification consist-
ing of removal of the radiation skirt and substitution of an ablative skirt.
All joints would be brazed or welded to reduce leakage. The Transtage
control module would not be used but the attitude control system would
be saved and remounted on the spacecraft structure. Modification to the
attitude control system would be made consisting of inclusion of another
series check valve in each propellant pressurizing line and substitution
of a pitch module for the yaw-roll module. The resulting system would
have high performance, reasonable reliability, and moderate cost.
Redundancy has been provided in the main pressurizing system through
double-series check valves, quad regulator solenoid valves in the main
propulsion system, and in the ullage system through parallel regulators,
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one of which is activated on failure of the other through means of a
pressure switch and three-way squib valve. It is deficient in redundancy
and reliability insofar as the main valving on the engines cannot be
isolated or provide alternate flow paths and modification to accomplish
this would be a significant problem. In addition, both chambers are
required for the success of the mission, reducing system reliability from
that for a single chamber system. However, the two-engine system will
eventually be space-qualified and the single engine would require even
more extensive structural development.
The reliability assessment of Appendix A indicates a probability
of success of 0.96ZZ for the main propulsion system and 0. 9608 for the
auxiliary propulsion system. Factors contributing towards unreliability
of the propulsion subsystem are the use of a single main propellant
valve in the main propulsion subsystem; single solenoid valves in each
propellant line on the ullage rocket engines; and the fact that leakage or
failure to open any of the eight single coil solenoid valves in the ullage
rocket subsystem would jeopardize the mission through lack of propellant
settling and orbit trim capability.
Another factor affecting the reliability is the use of two thrust
chambers in the main propulsion system. Failure of either of these
rocket engines would cause failure of the mission.
In Appendix B, the cost estimates for the use of the Transtage for
Voyager include a propulsion system development cost of $30. Z million,
and a propulsion system production cost of $16.2 million for nine units
for the 1971 mission. Additional significant costs would be involved over
and beyond this if modifications were made in the propulsion system
valving, either the main engine or in the ullage rocket system, in order
to improve the reliability.
The relatively low cost of the modified Transtage system is due to
the use of as much of the existing Transtage hardware as possible. This
minimum modification approach reduces the design and development effort
normally required in building a propulsion system and a spacecraft.
The development of a modified Transtage will be expedited by the
fact that this system has been qualified and is currently going through an
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R and D flight test program in which 17 Transtages will be launched into
earth orbits. This high level of development is also advantageous because
propulsion operational capabilities and characteristics will be well defined.
Flexibility in performing its mission is available in that a variable
amount of impulse is available for orbit insertion and small AV maneuvers.
However, the lack of a common propellant supply limits this flexibility,
and indeed requires very careful programming of the propulsive maneuvers
to provide starts for all propulsive maneuvers and termination for those
propulsive maneuvers with critical shutoff error requirements without
exhausting the ll5-pound ullage propellant supply or exceeding the
300-second ullage rocket lifetime.
The 23,000-pound propellant capacity of the present Transtage
tanks exceed that needed on the present Mars Mission for Voyager.
However, it could be an advantage in flexibility in adapting Transtage to
Voyager missions to other planets because the original propellant
capacity can be restored without exceeding the envelope of 208 inches,
by simply using existing Transtage tanks.
4. CUSTOM LIQUID PROPULSION SYSTEM
This section describes a Voyager propulsion system which uses
the LEM descent engine, modified as in Z of this section, and a pressuriza-
tion and propellant feed system tailored to the requirements of the Voyager
mission and spacecraft. The system has two basic advantages over the
alternates recommended in the work stateme_n_. First, the system will
have a more efficient mass fraction than the competing alternates which
were designed with propellant and pressurant capacity considerably in
excess of Voyager requirements. Second, this system can be efficiently
configured into an independent propulsion module. The modularized
configuration would permit independent testing of the integrated spacecraft
and the propulsion system. This feature has significant implications on
the spacecraft development plan. The disadvantages are in the increased
development cost and time and the fact that a "performance optimized"
liquid system will be less flexible per se than the existing overcapacity
competing systems for missions with requirements beyond those of the
current Voyager Mission Description.
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A drawing of the system and the overall spacecraft configuration is
shown in Figure 24.
4. i Basis for Inclusion in Study
It is recognized that this custom liquid propulsion system is, in a
sense, not a contender for selection for the Voyager spacecraft. This is
because it is outside the scope of the Task B work statement, but, more
importantly, because of the adverse cost and development status, and
because of the low priority of any requirement for such improvement in
performance capability.
However, it is included in the study for the following reasons:
Q It shows what performance is possible within the present
state of the art.
It shows how much benefit (in performance, operating life,
shape, modularity, structural weight, etc. ) is attained by
tailoring a liquid propulsion system to the Voyager require-
ment, in comparison with the use of presently-developed liquid
systems.
It is useful as an upper limit against which comparisons of
other alternates may be made.
4.2 Deficiencies of Existing Systems
In the process of adapting the three specified systems for the space-
craft it was observed that each of the systems had, to varying degrees,
certain deficiencies. These deficiencies could be classified into the
following categori e s :
• Modular concepts in the propulsion system were absent such
that the spacecraft had to be built around the propulsion sys-
tem and spacecraft equipment had to be placed according to
available areas and volumes.
The propellant tanks were fixed in shape and mounting
arrangement and the pressurizing system and tanks were
not optimized for the best weight and volume.
Thrust level and chamber pressure were fixed and a weight
optimization was not used to select the operating points of
the engine.
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The custom liquid propulsion system uses the previously described
modified LEM descent engine including its integral valving. This engine
was selected for this propulsion system because it is clearly in a class
by itself for developed engines which are readily adaptable to the Voyager
mission, and because development of a new motor would not likely result
in any significant performance improvement. The advantages in being
able to adjust, or raise, the thrust level means that retromaneuvers can
be accomplished with a minimum of gravity losses, and maximum vehicle
acceleration can be adjusted according to the limits of the various support
structures in the spacecraft. Operation at the lower limit of course
negates a requirement for a separate lowthrust system for the i. 0 meters/
sec minimum z_V correction during midcourse.
Selection of the LEM engine introduces the disadvantage of fixing the
operating points of the propulsion system in terms of propellant combina-
tions, mixture ratio, and chamber pressure. The area ratio of the nozzle
was also maintained at its present value of 47. 5 even though consideration
could be given to trading off increases in nozzle and gimbal system weight
against decreases in pressurizing system and propellant tank weight as a
function of area ratio. However, previous studies have found that these
variables are near their optimum values for stages in the Voyager class
and that fairly large variations in these parameters are required before
significant performance penalties are incurred.
All other subsystems wuuld also be ........= ....I..............
however, repackaging would be accomplished by:
Redesigning propellant tankage such that a single spherical
tank with an internal bulkhead to separate the propellants
would contain the entire propellant load. Selection of a
spherical shape provides an optimum pressure vessel shape
for minimum weight and a good structural shape insofar as
elastic instability and load distribution is concerned. Restarts
in zero gravity would be provided by a start tank system.
Similar to the system discussed for the LEMDS system.
Redesigning the pressurization system such that all pres-
surizing system components will be incorporated into
modules and storing the helium in two optimum 32-inch
spheres. These spheres will be mounted aft of the pro-
pellant tankage in special cavities in the honeycomb structure.
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Designing the entire propulsion system as a separate module
which would be fitted into the spacecraft as a unit. A
honeycomb structure covered with insulation would act as a
structure for carrying loads, provide meteoroid protection,
and environmental control.
A drawing of the resulting system is presented in Figure 24.
4.4 Performance Potential
The performance potential of the Voyager vehicle using the custom
liquid system is shown in Figure 19 in which the ideal velocity
increment is shown as a function of propellant consumed, assuming 1415
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and 1968 pounds of propellant are previously used to provide ZOO meters/
sec of midcourse correction for the 1971 and 1975 vehicles, respectively.
In interpreting the performance of the optional system, it should be pointed
out that specific impulse at the high thrust is 305 seconds (orbit insertion)
and 285 seconds at the low thrust (midcourse and orbit trim maneuvers}.
Total usable propellant for this vehicle is 12, 182 pounds, which is
nominally distributed as follows:
Vehicle Configuration
Function 1971 1975
Midcourse, Ib 1,415 1,968
Orbit insertion, Ib 9,938 9,620
Orbit trim, ib 829 594
12, 182 12, 182
The total AV available from this propellant allocation is as follows:
Function
Midcourse (meter/sec)
Orbit insertion (meter/sec)
Orbit trim (meter/sec)
1971 1975
200 200
2,200 1,347
259 100
assumingThe velocity increments for orbit trim are calculated,
it occurs before capsule separation. (In 1971, all remaining AV beyond
the desired capability of Z, ZOO meters/sec for orbit insertion is allocated
to orbit trim. ) In the event no orbit trim maneuver is conducted before
capsule separation, then the propellant so allocated could effect velocity
increments of 388 and Z42 meters/sec after capsule separation, in 1971
and 1975, respectively. Alternately, if the entire propellant load were
to be used for orbit insertion, the corresponding maximum velocity incre-
ments would be 2700 and 1671 meters/sec.
5. SUMMARY
The custom propulsion was an idea that grew from the design effort
in adapting the various specification propulsion systems to the Voyager
vehicle. It was decided to design a system in which these deficiencies
were absent in order to provide a broader background against which the
three preferred systems could be measured. In doing this, the modified
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LEM engine was selected as an optimum prime mover. A modular pro-
pulsion system was designed which could be slipped into the spacecraft as
a unit. This propulsion system would have a common spherical propellant
tank with an internal bulkhead and an optimized stored gas pressurizing
system. Modularization of all components would be used in the pressurizing
system and the zero-g start tank system.
Because of these modifications, the custom liquid system would
have flexible performance in that all propellant is usable in all three phases
of this mission. Its main disadvantages would be increased cost in a new
propellant tank and helium spheres. Design of new tanks, of course,
would add a degree of inflexibility which would limit the applicability of
the design to missions requiring fuel capacity beyond the present Voyager
requirements, for example, journeys to other planets.
The reliability of this system is basically that of the configuration
based on the LEM descent stage. The slightly higher assessment of 0. 969
(see Appendix A) results from the reduction in the number of propellant
tanks.
The costs associated with the propulsion system of the custom
liquid configuration are the highest of all options considered. Appendix B
indicates that they include $44.4 million for development and $16. 0 million
for production of nine units for 1971.
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V. FLIGHT SPACECRAFT DESIGN CONSIDERATIONS
This section of the report discusses the alternate systems from the
point of view of the spacecraft system. It is attempted to preserve the
capability of the spacecraft bus identical for all the alternates, in order
to achieve a valid comparison. However, the design of the spacecraft
bus is necessarily adapted to provide compatibility with the propulsion
subsystem of each alternate. For each alternate, the following areas
are discussed:
• General features of the spacecraft system design
• Particular geometrical, structural, and configurational aspects
• Weight breakdown (leading to the performance calculations of
Section IV)
• Assessment of any comparative reliability degradations of the
spacecraft system, due to the environment or geometry
imposed by the propulsion subsystem
• Assessment of the comparative cost of the spacecraft system
(essentially due to the structure and mechanical subsystems).
i. COMBINATION SOLID ORBIT INSERTION AND LIQUID MIDCOURSE
AND ORBIT TRIM PROPULSION SYSTEM
Spacecraft integration and design studies were conducted to evaluate
the combination system for the Voyager mission. Physical characteris-
tics of the spacecraft are described, and environmental, operational,
reliability, and cost considerations related to the design evolved are dis-
cussed in the following paragraphs.
i. 1 Voyager Spacecraft with Solid/Monopropellant Module
The Voyager spacecraft configuration illustrated in Figure 20 utilizes
a modified Minuteman Wing VI Stage II Motor with a monopropellant syster_
for midcourse and orbit trim maneuvers. This system is described in
Paragraph 1 of Section IV. The basic frame of the bus structure, of
course, is a new development. The solid rocket interfaces with the bus
structure at the forward and aft ends of the motor case. A rigid circu-
lar frame is secured to the aft end of the motor case and is utilized
to complete the frame structure of the truncated equipment compartment
when the solid rocket motor is installed. The forward end of the motor
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case is unrestrained in the thrust direction to allow for case expansion
during retro propulsion. Lateral restraint is provided by a ring which
is integral with the canted truss frame. Thus, the aft ring attachment
serves to transmit the engine thrust and the inertia loads to the space
frame of the equipment compartment.
The two monopropellant hydrazine and the two heliur_ pressuriza-
tion spheres for the midcourse and orbit trim system are supported
forward of the solid rocket motor from transverse and intersecting beams.
The inertia loads of the monopropellant system are sheared through the
webs of the beams and into the aforementioned canted truss-frame struc-
ture. The forward and uppermost projections of the space frame are
stabilized by a complete ring and the canted truss frame which, in turn,
are tied at the emergency separation joint to the aft ring of the aluminum
semi-monocoque cylindrical capsule adapter. The four nozzles of the
monopropellant system are affixed to the extremities of the system plumb-
ing which is supported by the space frame of the bus structure adjacent
to the aft frame of the solid rocket motor case. Lateral restraint is pro-
vided by the aft ring of the thrust chamber. Contained within each nozzle
are motor driven jet vanes which provide the required thrust vector
control.
The bus structure is composed basically of a truncated octagonal
central equipment bay, integral solar array support frame, and eight
truss-type outriggers. This composite serves to react the total plane-
tary vehicle inertia load which is trussed into the vehicle/shroud adapter.
The tensile and compressive truss loads are carried into the forward
and intermediate frames and are redistributed through the central
compartment.
The horizontal members of the outriggers form the plane of the
fixed solar array. Auxiliary members complete this frame and provide
a rigid platform for the support of the eight identical and fixed solar
panels, the PSP (planetary scan platform), the high-medium, and low-
gain antennas, the fixed science package, the experiment appendages,
the reaction control system, and the capsule/spacecraft antenna.
The geometry of the octagonal equipment compartment was estab-
lished to satisfy the primary structural requirements and the subsystems
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volume requirements superimposed on the large volume occupied by the
monopropellant system fuel and pressurization tanks. Subsystem mount-
ing requirements and the 1_lass properties and thermal control constraints
dictate the use of four of the eight bays. The face of each bay is split
into two panels which are hinged along the outside edges. These equip-
ment or radiation panels support the sensors, batteries, power control
unit, tape recorders, science packages, command detector and decoder,
and the remaining spacecraft electronic asselrlblies.
Micrometeoroid protection for the engine systems and sensitive
electronics is afforded by a double wall aluminum shield, one face of
which serves also as the primary shear panels of the equipment com-
partment. Im_nediately aft of the solar array platform, this shielding,
in the form of a conical frustum, is utilized to cover the exposed portion
of the engine system. The shell is ring-stabilized since it must provide
adequate rigidity for the retention and release systems of the high-gain
antenna. Of major significance is the incorporation of a 16-petal solar
panel protection shield. This shield is spring loaded in its retracted
position adjacent to the nozzles and is supported and hinged from the aft
frame of the rocket motor case. Cable cutter initiation, just prior to
solid rocket ignition, permits four sets of four petals each to deploy
and form a protective cover for the solar array with the ablative surface
Alternate spacecraft configurations were examined before adopting the
one presented, in an effort to eliminate the need for the solar panel
shield. These were generally of two classes. The first maintained the
same cruise geometry, that is, the solar cells and engine nozzle c:re both
directed toward the sun, parallel to the roll axis. However, the solar
cell panels would not be fixed, so that at the time of the orbit {nsertion
maneuver, they could be rotated in place or folded out around the edge of
the spacecraft so as to avoid exposure to exhaust plume radiation. In the
second class of configuration, a fixed solar panel was oriented in a plane
parallel to the thrust/roll axis thereby facing away from the exhaust
plume In this class, the entire planetary vehicle is oriented sideways
in cruise, i. e. , with the roll axis perpendicular to the sun line The first
class of alternate configuration was rejected because its mechanization
was more complex than the chosen solar panel shield. The second class
was rejected because the area available for a side-looking array was
inadequate for fixed mounting, because the capsule would not be shielded
from the sun during cruise, and because not all problems of exposure of
the bus to the exhaust plume were needed.
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of sandwich structure facing the sun. Thus, a suitable protection against
the extreme radia_it and convective heating of the exhaust plume is pro-
vided. Subsequent to burnout, the initiation of a second set of redundant
cable cutters allows the four sets of petals to retract against the engine
thrust cone.
To minimize the uncontrolled radiant energy interchange of the
main compartment and solar array, an aluminized mylar insulation
blanket is provided. This blanket envelopes the exposed truss members,
is installed on the back side of the solar array and is tied to the external
surface of all microrneteoroid shields. To actively regulate the radiant
energy interchange between the main compartment and its environment,
a series of bi-metal actuated louvers are attached to each of the afore-
mentioned equipment mounting doors. ALl other irregular protrusions
and seams are suitably insulated to minimize heat Leaks.
1.2 Spacecraft Configuration and Geometry Considerations
The various configuration tradeoffs and rationale for selection of
the spacecraft design included:
The configuration design flexibility was limited by the design
constraint that the flight capsule must be shielded from the sun
during normal flight maneuvers. After due consideration of
this constraint and power requirement, it seemed logical to
direct all efforts Loward establishing an array positioned normal
to the planetary vehicle/launch vehicle thrust axis.
Within the constraints imposed by the Z40-inch-diameter shroud
envelope and the 90-inch clearance diameter of the Minuteman
Wing VI solid propellant rocket installation, it was determined
that only 270 ft2 of fixed solar array could be provided. Although
this area does meet the minimum power system requirement
of 260 ft2, it is somewhat less than the design goal of 290 ft2.
In addition, it was necessary to incorporate Local cutouts in the
array panels to provide clearance for the PSP, high- and
medium-gain antennas.
The 16-petal solar array radiation protection shield provides
an acceptable environment for the array; however, the system
reliability is adversely affected. Although the proposed sys-
tem is simple and redundant, failure to open would be catas-
trophic to the mission, and a random failure when in the open
configuration would short the complete solar array. Other
concepts considered included articulated solar panels and
deployable curtains, but these were rejected due to the mechan-
ical complexity involved and comparatively high deveLopment cost.
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The tandem arrangement of the rnonopropellant tanks and the
solid motor was favored over a peripheral arrangement in
order to provide an efficient load path between the 10-foot-
diameter capsule interstage and the solid motor case and to
provide a more accessible installation; however, advantage
was taken of the maximum allowable envelope length of 208
inches.
The limited weight budget for this configuration dictated the
utilization of the solar array sandwich panels as primary
structure to distribute, in shear, the resultant outrigger lower
beam tensile load. The integral structure is dynamically
attractive; however, an additional requirement is imposed on
the power subsystem. Modularity is also compromised since
the bus structure frame is marginally stable without the solar
array panels, an approach that necessitates careful and mini-
mum ground handling. In addition, the weight restriction pre-
cluded the utilization of redundant aft frames which would be
used to thermally isolate the solar array from the bus. The
latter approach would reduce induced appendage misalignments
and the heater power requirements for temperature control.
As shown in Figure 20, the monopropellant system tankage
protrudes forward into the volume of the capsule adapter which
would preclude its utilization for possible ancillary capsule
support equipment. In addition, should the available length
envelope for the planetary vehicle be reduced, the entire
arrangement of subsystems and structure would be grossly
affected and would depart from the optimum arrangement con-
sidered herein.
Since the burn-out acceleration of the retropropulsion system
approaches 3.0 g's, a programmed appendage articulation would
be required to minimize the obvious weight penalty associated
with highly loaded cantilevered appendages.
The modularization of this configuration is somewhat limited
in that the complete monopropellant system becomes an inte-
gral part of the bus structure; however, all assemblies of this
system are readily accessible.
1.3 Weight
_A sequential weight summary of the combination solid-liquid con-
figuration for the Voyager mission is presented in Table 6. Also listed
in this table are column totals indicating whic_ of the weights are in the
spacecraft bus, flight capsule, and propulsion subsystems. These col-
umn totals are equal to the weight allocations specified by JPL. The
total weights for the spacecraft propulsion and bus are shown as specified
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Table 6. Voyager Planetary Vehicle Weight Summary
(Combination Solid- Liquid Configuration)
Item Capsule Propulsion Bus Total
weight weight weight weight
Spacecraft Bus
Structural and mechanical
Pyrotechnics
Temperature control
Radio
Relay link
Data storage
Telemetry
Command
Computing and sequencing
Cabling
Pow er
Guidance and control
Balance weights
Contingency
Spacecraft Propulsion
Propulsion inert weight
Start system inert weight
Interplanetary trajectory correc-
tion inert weight
Contingency
Unseparated Capsule Interstage, etc.
Spacecraft Science Payload and Support
Flight Spacecraft Burnout Weight
Flight capsule
Jettisoned canister
Orbit trim propellant (i00 meters/
sec)
Planetary Vehicle in Orbit
Propellant for Mars orbit insertion
Inerts expended
Planetary Vehicle after Interplanetary
Trajectory Correction
Interplanetary trajectory correc-
tion propellant (200 meters/sec)
Planetary Vehicle Gross
Planetary Vehicle Adapter
Total Weight
25O
25O
2,490
260
3,000
3,000
1,023 941 1,964
51 51
109 103 212
126 126
25 25
72 72
8 8
ii ii
36 36
229 229
522 522
232 232
15 15
149 149
1,264 1,264
418 418
113 113
149 399
400 400
2,927 3,069 6,246
2,490
260
400 400
3,327 3,069 9,396
9,156 9,156
267 267
12,750 3,069 18,819
1,681 1,681
3,000 14,431 3,069
3,000 17,500
20,500
1,500
22,000
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(17, 500 pounds) although the propulsion and the bus weights do not neces-
sarily total to the 15,000 and Z500 pounds independently. This is because
of the difficulty in establishing a clearly distinguishable line between the
propulsion subsystem and the spacecraft bus.
The combination propulsion system utilizes a modified Minuteman
second stage motor with 9156 pounds of solid propellant. Vendor infor-
mation based on an ll, 000-pound system was iterated to obtain the desired
propellant loading.
Midcourse correction and orbit trim are provided by a monopropel-
lant system consisting of two 22.8-inch-diameter titanium helium bottles
and two 43.6-inch-diameter titanium monopropellant bottles. Propellant
settling is maintained by a butyl-rubber positive expulsion system as
described in Task A. The weights are based on mass fractions generated
during that task.
The spacecraft structural and mechanical subsystems are essen-
tially of the same type construction as in the LEM configuration. How-
ever, the combination configuration utilizes the lower member of the
outriggers as an integral part of the solar array support structure, and
a truss is added to provide further support. Also, the solar array linkage
system has been deleted A blast shield, which protects the solar array
from the exhaust plume, consists of a l-inch-thick core (1.6 Ib/ft 3)
sandwiched between two 0.01-inch-thick aluminum faces and an operating
mechanism.
The only change in the temperature control subsystem is the addi-
tion of 0.5-inch-thick refrasil bat on the motor.
The following subsystem weights are assumed to be constant for
all configurations and are discussed in Volume 2:
Radio
Relay
Data Storage
T e lemet ry
Command
Computing and sequencing
CabLing
Bow e r
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1.4 Environment Imposed on the Spacecraft and Capsule
The environmental effects of the combination system on the space-
craft and capsule primarily include plume heating of the solar array and
acceleration loads imposed by the solid motor during orbit insertion.
I. 4. 1 Plume Heating
An investigation was conducted to determine the solar array
temperature rise and required plume shading area for various distances
with several Minuteman motor configurations. (The method used to
derive these results is presented in Appendix C.) Table 7 presents the
results, which indicate maximum array temperatures will be approxi-
mately 1000°F without plume impingement protection. The reason for
the high array temperatures, as opposed to temperatures experienced
with a liquid propulsion system, is the high temperature radiation from
the metal particles at about 3000°F in the solid motor exhaust plume
Figure 21 shows the effect of radial distance as a function of heat trans-
fer rate and shows a comparison of results achieved by several analysis
methods at a radial distance of i0 feet.
Table 7. Solid Propellant Motor Plume Heating
Incident Solar Array RequiredPlume
Propulsion Axial Radial Temperature
System Distance Distance Heating Shading' ' Rate, at the end of at
Ft Ft Btu/ft 2- hr 100- s ec < 442,
firing, ° F Ft
Modified
MM Wing VI
Modified
MM Wing VI
Modified
MM Wing VI
Wing VI
Wing V
(4 Nozzle}
-9.3
I0 14600 1150 _:=_:= 38
I0 9660 900 34
10 8300 800 25
-12.7 i0 4200 320 25
- 6.46 i0 9250 850 25
_:_-6.46 feet axial distance means 6.46 feet above (forward of) the
nozzle exit.
_':=*Figures give solar array temperatures at the end of 100-second
firing, without the interposition of a protective shield.
_/E of the solar array = I.
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Figure 21. Heat Transfer Rate From Solid-Motor Exhaust
Plume Versus Radial Distance
These results emphasized the need for some means of protecting
the solar array during motor burn, because of the fact that the solar cell
assembly cannot be allowed to exceed 248°F. Since the relative position
of the solar array and the solid motor exhaust nozzle was essentially fixed
by geometry considerations, it was necessary to provide some mechani-
cally actuated method of protection which, in turn, introduced a degrada-
tion in the overall system reliability.
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1.4.2 Acceleration Loads
The solid motor imposes an acceleration Load of approximately 3.0
g to the spacecraft, due to the inherent burn rate characteristics of the
propellant. Although some alleviation of this effect may be achieved
through optimal propellant characterization and grain design, the burn
action time and average thrust level of the solid motor cannot be appre-
ciably altered. Thus, structural weight and/or system complexity
penalties are incurred.
1.5 Other Considerations
Other considerations amenable to tradeoff analyses for the combina-
tion system include: operational characteristics, reliability, and cost.
Both normal and emergency modes of operation, as well as the combina-
tion system-spacecraft and solid motor-monopropellant system interfaces
require careful consideration for compliance with Voyager mission
requirements.
1.5. 1 Operational Characteristics
The monopropellant system may be used with the solid motor to pro-
vide additional orbit insertion capability, should the midcourse propellant
consumption be less than nominal. Simultaneous firings of both the solid
motor and monopropellant system would present thermal control prob-
lems, due to the relative proximity of the motor and the propellant supply
lines and thrust chamber assemblies of the N2H 4 system. Another
operational feature which was given consideration was thrust termination
of the solid motor, should results of mission analysis establish this fea-
ture as a mandatory requirement. Available methods for thrust termina-
tion, i.e., quenching, venting or nozzle separation techniques, all
present additional complexity and tend to induce excessive loads into
the spacecraft. Fortunately, it would not appear that thrust termination
of the solid is required.
i. 5. Z Reliability
A degradation of reliability of the spacecraft functions is caused by
exposure to the environment associated with solid-motor firing. Although
the formal analyses (based on published failure rate data) generates a
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factor of 0.9993 for this degradation, attributable to the possibility of
heat shield malfunction, a qualitative review, also in Appendix A, results
in an estimated value of 0.985. The adjusted probability of success of
the combination solid-monopropellant system is 0.949.
i. 5.3 Cost
In Appendix B, the following costs are estimated for the spacecraft
structure and mechanical subsystems of the combination configuration:
development, $ii. 5 million; and production for the 1971 mission, $12.0
million.
i. 6 Summary
The spacecraft design concept for the combination system provides
for the utilization of two systems: a monopropellant hydrazine system
for midcourse and orbit trim corrections, and a modified Minuteman
Wing VI second stage for orbit insertion. Both systems are integrated
with the bus structure such that thrust and launch acceleration loads are
efficiently distributed for maximum structural efficiency and compati-
bility with equipment and other spacecraft subsystems installations is
provided. The combination system includes features to ensure compliance
with operational and functional requirements for electrical power supply
and controls, Launch operations, thermal control, micrometeoroid pro-
tection, and other spacecraft propulsion interface areas. A review of
the combination system characteristics with respect to the criteria of
2.5 through 2.8 of Section III would include the following:
The combination system requires a relatively complex space-
craft installation due to the inherent lack of hardware com-
monality between solid and liquid propulsion systems. Separate
power supply and control functions, thrust vector control,
mounting, and instrumentation provisions tend to reduce the
modularity characteristics of the system. In addition, expo-
sure to solar array heating and acceleration loads imposed by
the solid motor during burn present weight, structural, and
reliability penalties to the spacecraft design.
Reliability and performance characteristics of the flight space-
craft with the combination system should be compatible with
Voyager mission planetary quarantine requirements, except
for conditions whereby the fixed impulse solid motor provides
excessive _V for orbit insertion, i.e., should the capsule be
jettisoned during interplanetary transfer, the orbit insertion
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maneuver must be performed so that excess thrust is consumed.
This characteristic of the fixed-impulse solid motor is detri-
mental from the standpoint of mission flexibility or, if thrust
termination is provided, the over-all system reliability is
degraded.
For the combination system, preLaunch handling and operational
checkout procedures require that separate storage and shipping
units, instrumentation, and logistics functions be provided, thus
increasing the overall complexity of prelaunch and launch
operations.
Generally, the combination system requires that two separate
development programs for the flight hardware and MOSE be conducted and
that schedules, specification, and other interface relationships be con-
tinuously monitored to assure compatibility.
2. LEM DESCENT PROPULSION STAGE
The LEMDS was determined to be readily adaptable to the Voyager
spacecraft. Both the physical and functional characteristics of the modified
LEMDS are compatible with the specified vehicle equipment and operational
requirements. In addition, the LEMDS is amenable to an extended capa-
bility spacecraft. Existing stage structure and subsystems are used
extensively, and the modifications that are required to accommodate
specialized Voyager systems are considered minor in that they do not
involve alteration of major components and are implemented using state-
of-the-art technology.
The following paragraphs describe and discuss the Voyager space-
craft system based on the LEM descent stage. Geometry and configuration
considerations are presented in addition to alternate approaches. Other
factors considered in establishing this system, such as weight, imposed
environments, reliability, cost, etc., are also discussed.
The discussion here is to the same depth of detail as for the other
spacecraft-propulsion alternates. As the Voyager spacecraft based on
the LEMD propulsion system has been selected by TRW, a much more
detailed description of the spacecraft system and subsystems is the
subject of Volumes i and 2 of the Task B Study Report.
Z. 1 Voyager Spacecraft with LEM Descent Module
The Voyager spacecraft configuration illustrated in Figure 22
utilizes a modified LEM descent stage to provide the propulsion system
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and a major portion of the bus structure. The required modifications to
and functions of the LEM engine and associated hardware are adequately
described in Section IV. The basic frame of the LEM descent stage is
used with minor structural modification. This structure consists of
two pairs of transverse beams arranged in a cruciform together with
upper and lower bulkhead closures. The space between the intersections
of the beams forms the 54 by 54 inch center engine compartment. Since
the proposed configuration requires that the engine be lowered 36 inches,
it is necessary to reinforce the intermediate transverse frame within this
compartment to react the radial components of the forward engine mount
thrust loads. The aft frame and corner fittings must also be modified to
react the radial components of the aft thrust mount loads. The four
integral outboard compartments contain the two oxidizer and two fuel
tanks.
The external octagonal configuration is completed by the addition of
stiffened aluminum skin panels. One of the four corner prismatic compart-
ments contains the single 6 AI-4Va titanium alloy pressure vessel used
for helium storage. This 40.9 inch O.D. sphere is supported and pre-
loaded against a scalloped,semi-monocoque support structure which is
bolted to the aft bulkhead closure. The prismatic compartment diagonally
opposite will provide the space for the two 20-inch diameter nitrogen
storage vessels for the reaction control system. These vessels, however,
will be supported from the aft equipment module rather than from the basic
LEM ............ _ _÷_ _....__f_ _omDartments orovide for the
support of the Voyager adapted tape recorders, science packages, power
equipment, command detectors and decoders, sensors, and. the remaining
spacecraft electronic assemblies as shown.
The capsule adapter, which is a semi-monocoque titanium cylinder,
will extend from the capsule field joint to the emergency separation joint
which interfaces with eight machined fittings at the forward bulkhead, of the
LEM structure. These fittings will be added to the cruciform beam caps
in a 10-foot-diameter circle. The capsule inertia loads will be distributed
into the transverse beams through existing Z-sections and sheared outboard
to the outrigger truss structure. In fact, the inertia loads of all space-
craft equipment are beamed to the outriggers in the same manner.
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The existing LEM outrigger structures are replaced with a truss
assembly that is tailored to conform with the proposed configuration and
to facilitate separation of the planetary vehicle from the launch vehicle
adapter. Each of the four outriggers consists of four truss members
extending from the planetary vehicle adapter interface inboard to the
four outer corners of the cruciform structure. The corner fittings,
16 in total, are redesigned to accommodate the change in magnitude and
direction of the tensile and compressive truss loads. The back-up
structure for these fittings is capable of sustaining the planetary vehicle
loads for the 1971 mission. Minor modification is required for the
1975 mission.
As shown in Figure 22, the basic LEM module is used also to
support the aft equipment module which accommodates the PSP (planetary
scan platform), the medium-, high-, and low-gain antennas, fixed science
package, the reaction control system, the solar array and experiment
appendages. Sixteen clevis fittings are added to the underside of the LEM
structure at the intersections of the transverse beams and outer bay
extremities and interface with the 12-inch links and truss structures which
provide the torsional, axial, and lateral support for the aft equipment
module. The interface loads are carried into an interlaced arrangement
of 6-inch-deep almninum beams which comprise the frame of the aft
equipment module. The beam system geometry readily accommodates
the eight identical solar panels, the aforementioned appendages, the
reaction control system and science equipment. The solar panels radiate
outward from the 6Z-inch clearance hole, which permits the entire module
to be raised or lowered around the engine nozzle extension with or without
the solar panels installed.
As mentioned above, two of the four corner prismatic compartments
support the major portion of the spacecraft subsystems equipment. The
face of each bay is split into four panels which are hinged along the outside
vertical edges at the corner longerons of the LEM cruciform structure.
These equipment or radiation panels are constructed of a stiffened sand-
wich consisting of 0. 032 aluminmn skins bonded to a truss grid core with
auxiliary stiffening provided by 3-inch deep hat sections which serve also
as the equipment mounting rails. Auxiliary support members are added
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to support the free edges of these panels. The sandwich panels afford
adequate micrometeoroid protection for the internal equipment. However,
the basic external webs of the cruciform and prismatic compartments,
as well as the forward bulkhead closure, do not afford adequate protection.
Therefore, an additional 0.0Z0-inch aluminum skin is required and is
separated from the basic existing panel with a 2-inch-thick low density
core.
To minimize the uncontrolled radiant energy interchange of the main
compartment and solar array, an aluminized mylar insulation blanket is
required. This blanket envelopes the exposed truss members, is installed
on the back side of the solar array and is tied to the external surface of all
micrometeoroidshields. To actively regulate the radiant energy interchange
between the main compartment and its environment, two bi-metal actuated
louver banks are attached to each of the aforementioned upper equipment
mounting doors. The lower equipment mounting panels, all other irregular
protrusions and seams are suitably insulated to minimize heat leaks.
Within the constraints imposed by the Z40-inch-diameter shroud
envelope and the 6Z-inch clearance diameter for the LEM nozzle extension,
it was determined that the design goal of approximately Z90 feet 2 of solar
cell area could be achieved. However, the optimum cell packaging con-
cept was slightly compromised by the addition of two cutouts in each of the
identical solar array panels to provide clearance for the articulation of
the high and medium gain antennas. This effect is partially offset by the
advantage of cutouts for the mounting and passage of science equipment
and sensors.
The geometry of the aft equipment module structure facilitates the
installation of the specified appendages and equipment, provides an inter-
face for the ground support equipment, allows for independent module
assembly and testing and includes provisions for future growth. These
advantages far outweigh the slight weight penalty that may be imposed.
The bus structure is also somewhat less than optimum since there
is unused mounting area and volume for equipment; however, the growth
potential and the modularity of the LEM frame, the equipment support
panels and the outriggers are very attractive and would tend to balance the
consideration for optimized structure.
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As in all alternate configurations, the 9-1/2 foot high-gain antenna
must fold aft in its launch-ready configuration where there is little
structure available for support and retention. Support structure is added
and extends from the inside edge of the 62-inch-diameter cutout to the
tubular frame of the antenna. However, the mast and gimbal assembly
of this antenna will easily accommodate the loads imposed during ground
handling conditions when unsupported so that the final installation of the
antenna can be made after the aft module has been installed.
With the acceleration at the end of the retrofiring limited to l g, the
majority of the appendages need not be retracted and, therefore, no pro-
gran_med appendage articulation is necessary with the possible exception
of experiment antennas.
When the aft equipment _odule is raised into position, iZ pins must
be installed at final assembly. The four inboard links are readily acces-
sible. The eight outboard links 1_ust be installed from an auxiliary plat-
form. This slight disadvantage, however, is far outweighed by the
advantages associated with this functional interface. The aft equipment
module is able to expand or contract, as the case may be, with no influence
on the basic bus structure which, as a result, will minimize, if not
eliminate, thern_ally induced misalignments of the appendages.
2. Z Weight
A sequential weight summary of the LEM configuration for the
Voyager mission is presented in Table 8. Also listed in this table are
colun_n totals indicating which of the weights are in the spacecraft bus,
flight capsule, and propulsion subsystelns. These column totals are equal
to the weight allocations specified by JPL. The total weights for the
spacecraft propulsion and bus are shown as specified (17,500 pounds)
although the propulsion and the bus weights do not necessarily total to
the 15,000 and 2,500 pounds independently. This is because of the
difficulty in establishing a clearly distinguishable line between the pro-
pulsion subsysten_ and the spacecraft bus. The total weight of usable
propellant is II, 374 pounds.
The existing LEM descent structure is n_odified by removing
inapplicable ite1_s and by providing additional panels and core for
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Table 8. Voyager Planetary Vehicle Weight Summary
(LEM Descent Stage Configuration)
Item Capsule Propulsion Bus Total
Weight Weight Weight Weight
Spacecraft Bus
Structural and mechanical 924 628 1,552
Pyrotechnic s 51 51
Temperature control 74 111 185
1%adio 126 1Z6
Relay link 25 25
Data storage 72 72
Telemetry 8 8
Command 1 1 1 1
Computing and sequencing 36 36
Cabling 229 229
Power 5ZZ 522
Guidance and control Z68 Z68
Balance weights 15 15
Contingency 135 135
Spacecraft Propulsion
Propulsion inert weight
Start system inert weight
Interplanetary trajectory
correction inert weight*
Contingency
Unseparated Capsule
Inter stage, Etc.
Spacecraft Science Payload
and Support
Flight Spacecraft Burnout
Weight
Flight capsule
Jettisoned canister
Orbit trim propellant
(!00 meter/sec)
Z50
250
2,490
260
Planetary Vehicle in Orbit 3,000
Propellant for Mars
orbit insertion
Inerts expended
Planetary Vehicle after
Interplanetary Trajectory
Cor rection
Interplanetary trajectory
correction propellant
(200 meters/sec)
Planetary Vehicle Gross
Planetary vehicle adapter
Total Weight
Z, 179 2,179
35 35
IZ8 128
3,340
149 399
400
Z, 786
320
3,660 2,786
i
9,654
400
6, 376
Z,490
Z60
320
9,446
9,654
3,000 13,314 2,786 19, I00
Z, 786
17,500
3,000
3, 000
*Propulsion subsystem serves this function also.
1,400
14,714
I,400
20,500
1,500
Z2,000
-115-
TRI_ sYSTEMS
meteoroid protection. The additional weight for this protection is
Z26 pounds. Other weights added to the primary LEM descent structure
are miscellaneous supports, latches, hinges, outriggers, aft equipment
module, and equipment mounting panels and rails (a total of 628 pounds).
The temperature control subsystem consists of insulation, thermal
control louvers, heaters, and thermostats. The existing LEM insulation
is removed from all external shell surfaces and replaced by 144 pounds
of insulation, 17 pounds of louvers, and 4 pounds of heaters and
thermostats.
The LEM engine and valves have been modified for the Voyager
mission as follows:
• The nozzle extension and radiation shield were replaced
with a radiation skirt which weighs 718 pounds.
• The engine valves have been changed and the electro-
mechanical and mixture ratio controls have been
removed. Detailed discussion of these items may be
found in Volume Z, Section III.
The propellant feed assembly utilizes the existing LEM tankage and
plumbing except the flexible propellant lines are shortened. The
pressurization system utilizes an ambient helium system with one tank.
The main propellant tank supports are the existing LEM supports without
modification. Engine and pressurization supports are estimates based on
the current location of the LEM engine and one pressurization tank.
The propulsion start system consists of a nonrefillable, 13. 6-inch-
diameter bellows start tank located one in a main fuel tank and one in a
main oxidizer tank. The weight is obtained by ratioing a similar system
on the Saturn S-IVB reaction control system, and data generated during
Task A.
The interplanetary trajectory correction and Mars orbit trim
propulsion utilizes the LEM descent engine, propellant feed system and
propellants fron_ the main Mars orbit insertion propulsion subsystem.
The propellant weights are based on an I -- 285 sec and £_V = ZOO meters/
sp
sec for interplanetary trajectory correction and _V = i00 meter/sec for
Mars orbit triln with flight capsule attached. G
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The following subsystem weights are assumed to be constant for all
configurations and are discussed in Volume Z:
Radio
Relay
Data Storage
Telemetry
Command
Computing and Sequencing
Cabling
Power
Z. 3 Environment Imposed on the Spacecraft and Capsule
The modified LEMDS will not present an induced environment
problem. The modifications to the stage and engine do not significantly
alter the acceptable operation acceleration, vibration, or shock character-
istics of the existing LEM. Heating of the spacecraft by the exhaust plume
is not considered a problem, (see Appendix C). However, replacing the
radiative nozzle by an ablative nozzle extension is necessary to reduce
the radiated heat flux from the engine to the spacecraft.
The heat flux, approximately 15,000 Btu/hr-ft Z, from the existing
radiation-cooled nozzle extension was found to be potentially detrimental
to the solar cell array; therefore, it was necessary to reduce the heal
loads. Replacing the radiation nozzle with an all-ablative nozzle lowers
the heat flux to an acceptable level of approximately 50 Btu/hr-ft Z.
As the LEM descent engine, as proposed for Voyager, will be limited
to a maximum thrust of 7750 ibf, steady-staLe acceleration will be less
than ig. Thus, for all nondeployabie components, _pac_uraft ei_gine firing
imposes a mechanical environment much milder than the launch-induced
environment, and therefore is not the designing condition. Even for
deployable components, the 1 g limit is less severe than a 1 g ground
handling and testing requirement would be. Thus the acceleration due to
the spacecraft engine imposes essentially no constraint. The demonstrated
stable burning characteristic of the LEMDE also provides an added safety
factor in that the vehicle is not subjected to high frequency, destructive
vibration s.
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2.4 Other Considerations
Other factors such as reliability, cost, schedules, and hardware
status were considered in addition to the physical and functional character-
istics of the LEMDS. System costs through development, qualification,
and production are minimal since a major portion of existing (LEM
developed) hardware is retained for the Voyager spacecraft. An
exceptionally high reliability potential is also provided by the extensive
use of LEMDS man-rated components and the TRW modification ground
rule emphasizing minimum risk approaches. Hardware development
status, of significant importance in the fixed launch (]ate Voyager pro-
gram, was also considered prior to selecting the recommended stage
modifications, thus insuring development problems would not jeopardize
the mission.
The over-all development costs associated with modifying the LEMDS
for Voyager application are estimated in Appendix B at $Z8. 1 million, of
which $8. 1 million is for spacecraft bus structural and mechanical sub-
systems. This relatively low value results from the use of major
components from the LEMDS design which have evolved from the most
extensive development efforts; the application of minimum risk approaches
in implementing the minor modifications that are required; and the fact
that the LEMDS propulsion system imposes minimum environmental
requirements on the other spacecraft subsystems. Furthermore, the
existing LEMDS geometry is structurally very adaptable to the Voyager
space and load path requirements, so that new spacecraft structure
development is minimized. The use of the single LEM descent engine
(and propellant feed system) for all midcourse, orbit insertion, and orbit
trim propulsion functions also tends to reduce hardware costs. Production
costs for the 1971 mission include $10. Z million for the spacecraft bus
structural and mechanical subsystems and $16.9 million for the propulsion
system.
Since the LEMDS and LEMDE are essentially developed systems,
their operational characteristics are well defined and only a minimum of
preliminary design and development efforts are necessary. A major
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part of the propulsion funding will be expended in verification and qualifica-
tion testing and production. The use of the LEMDS is not deemed to
result in any reduction of reliability of the spacecraft bus.
Another desirable feature of the LEMDS is its current developmental
status and schedule. The initial flight tests and first lunar landing are
scheduled for 1969 and 1970, respectively. These dates are compatible
with the development requirements imposed by the fixed launch date of
the Voyager spacecraft in that the LEMDS propulsion system and structure
will be available for early integration and testing with the Voyager
subsystems.
The high level of development is also advantageous because propul-
sion system operational capabilities and characteristics are well defined.
This advantage is supplemented by TRW's minimum risk approach toward
component selection for the Voyager subsystems and the required LEMDS
modifications. These features permit detail design and specification
efforts to be initiated early in the program, and provide for firm program
planning and scheduling.
Z. 5 Summary
The LEMDS is readily adaptable to the Voyager mission and a major
portion of the LEMDS developed hardware is recommended for use on the
Voyager spacecraft. Only minor modifications are required to accommo-
date the Voyager operational and equipment installation requirements.
These __odifications employ state-of-the-art technologies, thus providing
high reliability at competitive costs and a firm development schedule.
The extensive use of LEMDS hardware also provides a significant
degree of mission flexibility. The oversized propellant tanks are filled to
only 70 per cent capacity for the basic Voyager mission. Also, the
throttling capability of the LEMDE allows a 10:l range of thrust level to
be selected to provide required velocity increments (magnitude and
accuracy) while limiting vehicle acceleration loads, without exceeding
the engine operational lifetime. In addition, the LEMDS structural
configuration is amenable to mounting other scientific instruments and
payloads. These features allow a Voyager spacecraft configured from the
LEMDS to be used for more ambitious future missions to Mars as well as
other planets in the solar system.
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The LEMDS is also attractive from a spacecraft design standpoint.
Adequate area is available for mounting modularized communications and
experiment equipment, solar arrays, and the landing capsule. Mating
the modified LEMDS with the Saturn V launch vehicle is relatively simple
since the LEM is planned for a Saturn V launch. This feature minimizes
the design problems usually associated with spacecraft envelope and launch
induced environments.
The modified LEMDS design is also compatible with the planetary
quarantine requirement in that the tank pressures are at a reduced level
during interplanetary cruise, and the tank pressures and propellants
can be vented after the Martian orbit has been established. This minimizes
the possibility of a violent spacecraft disintegration from meteoroid impact,
tank rupture, etc., causing unsterile fragments to be injected onto a
Martian impact trajectory.
Use of the basic LEMDS also allows a major portion of existing LEM
support equipment and ground handling procedures to be employed for
Voyager spacecraft testing and launching operations. Pressurant and
propellant handling equipment used for the Apollo LEM will be satisfactory
for the Voyager vehicle configured from the LEMDS and, in addition to
equipment compatibility, launch personnel will have acquired valuable
hardware experience during the earlier Apollo launches.
3. TI_A NSTA GE
The Transtage propulsion is readily adaptable to a spacecraft design;
overcoming the principal limitations in its application to the Voyager
mission is the subject of the modifications proposed in 2 of Section IV.
Even so, the probability of success of the propulsion system is inferior to
the other alternates, largely because of the extensive use of single solenoid
valves and because two thrust chambers constitute the means of prime
propulsion. However, it does have high performance, low weight, a high
degree of modularity, and it is a developed and qualified propulsion system.
The following paragraphs discuss the effect of this modified Transtage
propulsion system on the Voyager spacecraft design and the methodology
used in designing a vehicle using this propulsion system.
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3. 1 Description of Voyager Spacecraft using Transtage Propulsion
The Voyager spacecraft configuration illustrated in Figure 23
utilizes the modified Transtage Propulsion System previously described.
The basic 18-inch long aluminum serni-monocoque cylinder from the
Titan Transtage was retained for the integral supporting truss structure
for the two engines, the fuel and oxidizer tanks, and the helium pressuriza-
tion spheres. The propulsion module is attached at its forward extremity
to the aft bulkhead frame of the spacecraft bus structure and serves to
transmit the engine thrust loads as well as the module inertia loads to
the central equipment compartment.
The central equipment bay or compartment which is hexagonal in
cross-section, is composed of an integral solar array support platform
and six truss type outriggers forming six bays. This composite serves
to support the capsule inertia load that is transmitted through the titanium
semi-monocoque cylindrical adapter to the forward bulkhead frame of the
equipment compartment. The total planetary vehicle inertia load is then
trussed into the vehicle/shroud adapter. The tensile and compressive
truss loads are carried into the forward and aft bulkheads and are
redistributed through the central compartment. The solar array frame
also acts as structure that serves a primary function in providing a rigid
platform for the support of the six identically fixed solar panels, the four
spring-loaded and hinged solar panels, the PSP (planetary scan platform),
the high-, ......... ._ 1 ...... _ _nn_._, th_ fixed science package, the
experiment appendages, the reaction control nozzles, and the capsule/
spacecraft antenna. The geometry of the central equipment compartment
was dictated not only by the subsystems instaJlation but by the large volume
occupied by the propulsion module tanks and pressure vessels and the
reaction control system nitrogen storage vessel.
In order to satisfy the center of gravity, environmental control, and
subsystem mounting requirements three of these six bays are utilized.
The face of each bay is split into two panels which are hinged along the
outside vertical edges. These equipment or radiation panels support the
sensors, batteries, the PCU, tape recorders, science packages, command
detector and decoder, and the remaining spacecraft electronic assemblies.
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Micrometeoroid protection for the pressure vessels and sensitive
electronics is afforded by aluminum shielding which serves also as the
primary side shear panels and forward bulkhead stabilizer. An aluminum
conical frustum covers the exposed tanks of the propulsion module. This
shell is ring stabilized since it must provide adequate rigidity for the
retention and release system of the PSP, the high- and medium-gain
antennas.
The radiant energy interchange of the main compartment and solar
array is minimized by an aluminized mylar insulation blanket. This
blanket which envelopes the exposed truss members is installed on the
back side of the solar array and it is connected to the external surface of
all micrometeoroid shields Active regulation of the radiant energy inter-
change between the main compartment and its surrounding environment
occurs through a series of hi-metal actuated louvers attached to each of
the equipment mounting doors. All other irregular protrusions and seams
are suitably insulated to minimize heat leaks.
3.2 Spacecraft Configuration and Geometry Considerations
The configuration design flexibility is limited by the design constraint
that the flight capsule must be shielded from the sun during normal flight
maneuvers. Consideration of this constraint and the vehicle power require-
ments, led to the selection of an array positioned normal to the planetary
vehicle/launch vehicle thrust axis.
Within the constraints imposed by the 240-inch-diameter shroud
envelope and the IZ0-inch-diameter Transtage propulsion module only
235 ft2 of fixed solar array area can be provided. In complying with the
minimum requirement of 260 square feet, and a design goal of 290 square
feet, deployable solar paddles are necessary. These deployable panels
led to the selection of the hexagonal platform with hinged panels extending
from four of the six sides. This arrangement, however, facilitates the
installation of the PSP and spacecraft antennas in that no local cutouts in
the solar array are required. It has the disadvantage of reducing the
space available for installation and requiring installation of antennas aft
-IZ2-
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1971 Voyager Spacecraft--
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of the solar array. In addition, the obstruction of the field of view at this
location by the two main rocket engines imposes a constraint on the medium-
gain antenna such that the total view angle fails by 30 degrees to encompass
the desired 180 degrees.
As shown in Figure 23, the auxiliary fixed solar array platform sup-
port members precludes the utilization of the total area of the equipment
compartment side panels, and it led to the selection of the double-door
equipment mounting concept on three of the six sides of the central bay.
Although the compartment accessibility is somewhat limited, the
arrangement is acceptable.
Accessibility and capability of facile and expeditious checkout,
service and removal of equipment within bus compartment is somewhat
restricted by the auxiliary truss members which extend from the forward
corners of the bus to the outer frame of the solar array. These truss
members could be eliminated if eight rather than six outriggers were
utilized; however, a substantial weight penalty would be imposed.
The spacecraft design was expedited by utilizing much of the existing
Transtage hardware and fabrication techniques. Thus, the two engines,
thrust structure, and the basic 18-inch 10-foot-diameter barrel was
retained. To utilize existing tooling, the fuel and oxidizer tanks were
merely shortened in length such that existing bulkheads, weldments, and
supports could be used.
The tandem arrangement ux-zbus and T,._e_go_............ _trl_cture was favored
over a peripheral packaging concept to maximize solar array area and to
retain some degree of modularity. The effect on length would be neglig-
ible. The required envelope length is 192 inches, which is 16 inches
shorter than the maximum ailowed.
The adaption of the Transtage propulsion module does provide for a
minimum length configuration which would effect a weight savings in shroud
structure. The attendant deleterious effects include the following: the
higher acceleration associated with two-engine configuration would impose
a weight penaIty on appendage structure or would require a programmed
appendage articulation; the sun incidence angle, if greater than expected,
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would shadow the fixed solar array which would affect the solar cell power
output; the large envelope of the propulsion module constrains the arrange-
ment of spacecraft antennas.
3.3 Weight
A sequential weight summary of the Transtage modified for the
Voyager mission is presented in Table 9. Also listed in this table are
column totals indicating which of the weights are in the spacecraft bus,
flight capsule, and propulsion subsystems. These column totals are
equal to the weight allocations specified by JPL. The total weights for the
spacecraft propulsion and bus are shown as specified (17,500 pounds)
although the propulsion and the bus weights do not necessarily total to the
15,000 and 2,500 pounds independently. This is because of the difficulty
in establishing a clearly distinguishable line between the propulsion sub-
system and the spacecraft bus.
The Transtage propulsion subsystem inert weights were determined
by eliminating inapplicable subsystems from the JPL data ("Design Data
for Candidate Voyager Spacecraft Propulsion Systems," dated November 12,
1965). The propellant tanks were shortened by removing 15.3 inches
from the oxidizer tank and 67. Z inches from the fuel tank.
The new tank weights were obtained by a direct volume ratio. Pro-
pellant plumbing remained constant. The pressurization system was
altered by reducing the pressurant, bottles and plumbing by a factor of
two. An ablative skirt was added to each engine increasing the weight
by !l_ pounds for each thrust chamber
Spacecraft bus structure and mechanical subsystems are essentially
the same type construction as the configuration based on the LEM descent
stage. The Transtage configuration contains additional latches, hinges,
and pyrotechnics required for the deployable solar paddles.
The following subsystem weights are assumed to be constant for all
configurations and are discussed in Volume 2:
Radio
Relay Link
Data Storage
Telemetry
Command
Computing and Sequencing
Cabling
Power
-1Z6-
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Table 9. Voyager Planetary Vehicle Weight Summary
(Transtage Configuration)
Capsule Propulsion Bus Total
Item Weight Weight Weight Weight
Spacecraft Bus
Structural and mechanical 759 587 l, 346
Pyrotechnic s - 58 58
Temperature control 58 110 168
Radio 126 126
Relay link Z5 25
Data storage 72 72
Telemetry 8 8
Command 11 i l
Computing and sequencing 36 36
Cabling 229 229
Power 522 522
Guidance and control Z51 251
Balance weights 15 15
Contingency 130 130
Spacecraft Propulsion
Propulsion inert weight
Start system inert weight
Interplanetary trajectory
correction inert weight;'.-_
Contingency
Unseparated Capsule interstage, etc.
Spacecraft Science Payload and Support
Flight Spacecraft Burnout Weight
Flight capsule
Jettisoned canister
Orbit trim propellant (100 meters/
sec)
Planetary Vehicle in Orbit
Propellant for Mars orbit insertion
Inerts expended
Planetary Vehicle After Interplanetary
Trajectory Correction
Interplanetary trajectory correction
propellant (200 meters/sec)
Planetary Vehicle Gross
Planetary vehicle adapter
Total Column Weight
I, 928 i, 928
38 38
ll2 i12
250 149 399
400 400
250 Z, 895 Z, 729 5,874
2,490 Z, 490
26O 26O
295 295
3,000
3,000
3,000
3,000
3,190 2,729 8,919
i0,216 i0,216
3O 3O
13,436 2,7Z9 19,165
1,335 1,335
14,771 2,729 20,500
17, 500
1,500
ZZ, O00
Propulsion subsystem serves this function also.
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3.4 Environment Imposed on the Spacecraft and Capsule
The environments imposed by the propulsion system on the space-
craft will not be detrimental to the spacecraft.
Detailed analysis of the heat transfer effects on the spacecraft can
be found in Appendix C. It is shown there that the radiation cooled nozzle
extension would have to be replaced by an ablative nozzle in order to
reduce incident radiant flux from ZZ0 to l Btu/ftZ-min. Plume heat
transfer was also shown to be confined to strictly radiation, since jet
expansion is not expected to cause impingement on the solar cell or other
appendage s.
Acceleration levels will be a maximum of 2. 7 g's (1971 mission) and
Z.3 g's (1975 mission) after capsule separation. These high accelerations
will require either additional strengthening of deployed and articulated
components to support the inertia loads, or a programmed articulation of
such components to an insensitive orientation while the main engines are
fired.
Data was not available on actual vibratory and shock loads imposed
by the engine; however, Transtage components I vibration and shock speci-
fication values are reported in the JPL specification. Loads of the magni-
tude reported there are not expected to be a structural problem on this
spacecraft.
3. 5 Other Considerations
The reliability of the Transtage propulsion system as it would be
adapted to the Voyager mission is 0. 924. The details of the analysis
from which this reliability was estimated are presented in Appendix A.
The reliability is predicted for a total mission time of approximately
6 Irmnths with 469 seconds of main engine firing and approximately 200
seconds of ullage rocket engine system engine firing. Individual relia-
bilities for these propulsion systems were 0. 9622 and 0. 9608, respec-
tively. The only reliability effect felt to be imposed on the spacecraft is
that associated with the release and deployment of solar cell panels,
assessed at 0. 9990. (See Appendix A. )
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The estimated comparative costs (Appendix B) of the spacecraft bus
of the Transtage configuration are modest: bus structural and mechanical
subsystem development is $10. 1 million and production for the 1971 mis-
sion is also $10. 1 million.
3. 6 Summary
In adapting the Transtage propulsion system to a Voyager spacecraft,
the result vehicle would have a weight of 17,500 pounds consisting of a
2727-pound bus and a 14, 771-pound propulsion system of which ii, 846
pounds would be usable propellant.
The length of the spacecraft would be 192 inches, or 16 inches shorter
than the maximum permitted value, 208 inches. In the event additional
propellant were desired, the propulsion tanks could be expanded back to
their original volume of approximately 23,000 pounds of propellant, and
the resultant increase in spacecraft length would not be great enough to
violate the 208-inch limit.
The use of the Transtage propulsion system's two main rocket
engines reduces the field of view of the medium-gain antenna so as to
inhibit its use early in the interplanetary phase until the cone angle of
the spacecraft-earth line decreases below 60 degrees It was decided to
accept this constraint rather than the weight penalty associated with a
solution such as a double gimbal and extension arm.
The modularity of the spacecraft design is very good. The propul-
sion subsystem can be built as a separate unit and then inserted into the
spacecraft, and the various subsystems in the spacecraft are capable of
being removed and installed in separate units or modules. This factor
will aid in prelaunch ground handling and testing of vehicle subsystems.
No detrimental effects are expected insofar as environment imposed
on the spacecraft by the propulsion system. Heat transfer effects will be
limited to plume radiation and shock, vibration, and acceleration imposed
by the propulsion system are well within the capability of the spacecraft
structur e.
Since the Transtage vehicle has been developed and qualified, this
will allow use of existing ground handling equipment and procedures in
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preparing the Voyager vehicle for flight. Also, launch personnel will
have acquired valuable experience from the 17-flight Research and
Development test flight program.
4. CUSTOM LIQUID PROPULSION SYSTEM
This section presents an optional spacecraft design that utilizes the
modified ELM propulsion system, but with new tankage and a new thrust
mount. The propulsion system is designed as a separate module which
could be inserted into the spacecraft, as are the other subsystems within
the spacecraft.
The resulting design has many of the advantages of the LEM system
in terms of development status and operational capability but it gains
additional advantages in terms of modularity, weight, and reliability.
Its disadvantages are its length of 208 inches and its lack of adapt-
ability for increased propellant capability.
The following sections contain a description of the vehicle, additional
discussion concerning the advantages of the system, and a detailed weight
breakdown.
4. 1 Voyager Spacecraft Design Based on Custo m Liquid Propulsiop
Subsystem
The Voyager spacecraft configuration illustrated in Figure 24
utilizes the single liquid propulsion system for midcourse correction,
orbit insertion, and orbit trim maneuvers which was described in 4 of
Section IV.
The propulsion module, which interfaces with the bus structure at
the aft frame of the equipment compartment, consists of a modified LEM
descent engine, an 82-inch-diameter propellant tank with an internal
bulkhead to separate the fuel from the oxidizer, two 33-inch-diameter
helium pressurization spheres and all necessary valves, lines, actuators,
and regulator s.
The thrust mount for the ELM descent engine is constructed of
aluminum sandwich panels attached to six tubular aluminum longerons
which diverge from the engine support to form a hexagon at the bus inter-
face. The helium pressurization spheres partially intersect the two flat
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sides of the thrust structure and are pre-loaded in place by nleans of a
canister. An auxiliary support member for the canister is provided and
interconnects with the hexagonal frame at the bus structure interface.
The main propellant tank assembly is supported from the forward frame
of the hexagonal thrust structure by means of an aluminum cradle which
is bolted to the external flange of the tank. Lateral stability is provided
by a similar cradle structure which encloses the forward end of the tank
and terminates at the forward ring of the truss structure. The sandwich
thrust mount and canisters serve as micrometeoroid shields and are used
to support the required multi-layered insulation for thermal control. The
thrust structure also provides a rigid support for the retention assemblies
of the high and medium gain antennas.
The bus structure consists of the truncated equipment compartment,
the fixed solar array platform, and six radial outriggers. This structure
serves to react the capsule inertia load which is transmitted through the
titanium semi-monocoque cylindrical adapter to the forward bulkhead of
the central equipment compartment. The total planetary vehicle inertia
load is then trussed into the vehicle shroud adapter. For the maximum
load condition, the diagonal members carry the compressive loads into
the sandwich stabilized space frame at the forward end of the equipment
compartment. The horizontal truss members carry the tensile loads
which are reacted in shear through the adjacent panels of the solar array.
Thus, the six identical and fixed solar panels become an integral part of
a rigid equipment ...... _.... supports _±_ ........_.... L11_ i_
science package, the reaction control nozzles, and the capsule/spacecraft
antenna. Intermediate diagonal truss members, which intersect at the
mid-point of the solar array outer frame, complete the space frame of
the bus structure.
The geometry of the hexagonal equipment compartment was designed
to meet primary structural requirements and the subsystems volume
requirements, the space requirement of the 82 inch-diameter propellant
tank, and the two reaction control system nitrogen spheres which are
supported from the central compartment structure. Subsystem mounting
requirements in addition to center of gravity and thermal control con-
straints required the use of four of the six bays. The face of each of the
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four bays is subdivided into two panels which are hinged along the outside
vertical edges. These equipment or radiation panels support the sensors,
the power equipment, tape recorders, science packages, command detector
and decoder, and the remaining spacecraft electronic assemblies. The
other faces of the compartment are also constructed of aluminunl sandwich
panels which are attached to the space frame of tile con_partment. All
panels act as primary shear panels and as micrometeoroid shields for the
pressure vessels and sensitive electronics.
Radiant thermal energy interchange between the main con_partznent
and the solar array is attenuated by aluminized mylar insulation blanket.
This blanket, which envelopes the exposed truss members, is installed on
the back side of the solar array and is tied to the external surface of all
sandwich panels. Active regulation of the radiant energy interchange
between the main compartn_ent and its environment is accomplished
through a series of bi-n_etal actuated louvers attached to each of the
equipn_ent mounting doors. All other irregular protrusions and seams
are suitably insulated to minin_ize leaks.
4.2 Spacecraft Configuration and Geometry Considerations
In order to establish a baseline for configuration comparison, strict
adherence to three design objectives was emphasized during the evolution
of the reference spacecraft. These objectives included the utilization of
prilrlary structure for micron_eteoroid protection, COl_zplete modularity,
and the optimization of all mechanical hardware. In addition, the pro-
pulsion module was intended to be unique so that the Transtage or LEM
adaptations would not necessarily be favored.
Compliance with the allowable envelope precluded a tandem tank
arrangen_ent; a parallel tank arrangement would be similar to the alter-
nates; therefore, a single propellant tank with a common bulk_head to
separate fuel and oxidizer was selected. A spherical vessel is, of course,
optin_uz_; however, this feature is offset by the stress and loading prob-
lends associated with a common bulkhead design.
In order to provide singular load paths between the LEM engine and
the capsule adapter and to adhere to the modularity objective, an aluminum
sandwich thrust mount was conceived. This structure diverges pyramid-
ally to form a hexagon at the bus interface, and is used to support the
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propellant tank at its forward frame and the two helium pressurization
spheres within its truncated side panels. The complete propulsion module
can then be installed or removed with or without the solar array in place.
The remainder of the structure is a large space frame which is
completely stabilized by the four equipment mounting panels, the two
auxiliary side panels, and the solar array panels. Secondary truss mem-
bers are required to support the frame between the outriggers. Although
the prime structural requirements have been satisfied, this concept
requires that the majority of panels be installed to present a stable con-
figuration for ground handling maneuvers. Alternate structural concepts
to satisfy the later requirements would impose a severe weight penalty.
Complete modularization was compromised slightly since the solar
array panels become integral with the bus compartment. Again the mini-
mum weight target precluded the utilization of redundant aft frames which
would be used to thermally isolate the array. The later approach would
serve to reduce induced appendage misalignments and heater power
requirements for temperature control.
Within the constraints imposed by the Z40-inch-diameter shroud
envelope and the 86-inch clearance diameter for the liquid propulsion
module, it was determined that only Z70 ft2 of fixed solar array could be
provided. Although this area does meet the minimum power system
requirement of 260 ftZ, it is somewhat less thanthe design goal of 290 ftZ.
T_ ...... _'_ ne_¢¢_y e_ _rnrp_rate local cutouts in the solar array
panels to provide clearance for the high- and medium-gain antennas which
does compromise slightly the optimum cell packaging concept. Although
the hexagonal form of the bus structure, with its sandwich-stabilized
space frame, presents an optimum arrangement, only six points of sup-
port are available for the transmission of loads from the capsule to the
forward bulkhead of the bus. Therefore, to achieve the required circum-
ferential load distribution at the adapter field joint, the titanium semi-
monocoque cylindrical adapter had to be lengthened. This change in length
imposed a slight weight penalty and increased the over-all length of the
planetary vehicle to the maximum allowable envelope.
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The optimization of the outrigger structure takes advantage of the
strength and stiffness of the solar array panels to the extent that, without
these panels, the non-flight loading conditions of ground handling and test
would become one of the critical design load conditions. Therefore, the
ground support equipment would be complicated by the fact that it would
be required to stabilize the bus structure in the event that the solar panels
were removed.
The auxiliary diagonal truss nuembers, which intersect at the mid-
point of each of the six outer solar array franues and extend to the vertices
of the equipment compartment structure, con_proznise the accessibility to
the equipment compartment. One or both of these tubular members would
have to be ren_oved to gain access to the equipnuent rr_ounted in the com-
partment. Although the removal and re-installation is undesirable, the
diagonals are only required for in-flight load conditions and, therefore,
their removal during the normal ground handling conditions would not
adversely affect the structural integrity and the alignment of any equipment.
4.3 Weight
A sequential weight surrlmary of the Voyager spacecraft based on the
custom liquid propulsion subsystem is presented in Table i0. Also listed
in this table are column totals indicating which of the weights are in the
spacecraft bus, flight capsule, and propulsion subsystems. These column
totals are equal to the weight allocations specified by JPL. The total
weights for the spacecraft propulsion and bus are shown as specified
(17,500 pounds) although the propulsion and the bus weights do not neces-
sarily total to the 15,000 and 2,500 pounds independently. This is because
of the difficulty in establishing a clearly distinguishable line between the
propulsion subsystem and the spacecraft bus.
The custonu liquid propulsion system is a completely new design
with the only existing hardware consisting of the LEM descent engine.
Since the propellant containers are sized to the exact mission require-
ments (12, 182 pounds total usable propellant), an iteration had to be made
from the detail designed configuration (1Z, 000 pounds propellant). The
latter system contains a 93. Z-inch-diameter, 225 psi titanium tank with
a sandwich-constructed common-bulkhead, and four Z6-inch-diarneter,
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Table 10. Voyager Planetary Vehicle Weight Summary
(Custom Liquid Propulsion Configuration)
Capsule Propulsion Bus Total
Item Weight Weight Weight Weight
Spacecraft Bus
Structural and mechanical
l:_yrotechnic s
Temperature control
Radio
Relay link
Data storage
Telemetry
Command
Computing and sequencing
Cabling
Power
Guidance and control
Balance weights
Contingency
Spacecraft Propulsion
Propulsion inert weight
Start system inert weight
Interplanetary trajectory
correction inert weight;:_
Contingency
Unseparated Capsule Interstage, etc. 250
Spacecraft Science Payload and Support
Flight Spacecraft Burnout Weight 250
Flight capsule 2, 490
Jettisoned canister 260
Ozb_t trim propellant (!00 meters/
sec)
Planetary Vehicle in Orbit 3,000
Propellant for Mars orbit insertion
Inerts expended
Planetary Vehicle After Interplanetary 3, 000
Trajectory Correction
Interplanetary trajectory correction
propellant (ZOO meters/sec)
Planetary Vehicle Gross 3,000
Planetary Vehicle Adapter
Total Weight 3,000
Propulsion subsystem serves this function also.
692
49
I, 627
35
98
2,501
BOO
.-
656 1,348
51 51
ll4 163
126 126
25 25
72 72
8 8
iI ll
36 36
229 229
522 522
268 268
15 15
135 135
1,627
35
98
149 399
400 400
2,817 5,568
2, 49O
260
3OO
2,801 2,817 8,618
17,500
10,482
13,283
10,482
2,817 19,100
1,400
14,683
1,400
2,817 20, 500
1,500
22,000
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3000 psi titanium pressure bottles. Propellant settling is obtained by
utilizing the two start tanks described in the LEM configuration discussion.
The following subsystem weights are assumed to be constant for all
configurations and are discussed in Volume Z:
Radio Command
Relay Link Computing and Sequencing
Data Storage Cabling
Telemetry Power
The spacecraft structural and mechanical subsystems are essentially
of the same type construction as the LEM configuration. However, the
custom design utilizes the lower member of the outriggers as an integral
part of the solar array support structure, and truss structure is added to
provide further support. Also, the solar array linkage system has been
deleted.
4.4 Environment Imposed on the Spacecraft and Capsule
The environment imposed on the spacecraft by the custom liquid
propulsion system will be similar to that previously reported for the
modified LEM descent stage. Solar cell thermal requirements dictated
replacement of radiation skirt with an ablative skirt to reduce radiation
from the nozzle. As shown in Appendix C radiation from the exhaust
plume will be restricted to less than 10 Btu/hr-ft 2 at all points of the
solar array. Total array temperature rise due to these two sources
will be less than 5°F.
Acceleration levels for this propulsion system can be held to a maxi-
mum of 1 g which will occur at the end of the orbit insertion maneuver.
The higher thrust level of the LEM descent engine for this configuration
can be adjusted to the value of 6400 pounds thrust required to accomplish
this. Vibration inputs of 15 to 2000 cps are expected from the propulsion
with an acceleration level of 1.9Z g's in the Z0 to i00 cps range.
No detrimental effects on the spacecraft or limitations thereon were
encountered in the design due to these propulsion system imposed
environments.
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4. 5 Other Considerations
The reliability analysis of the custom liquid configuration differs
from that of the LEMDS configuration only slightly--the number of pro-
pellant tanks has been reduced from four to two. The assessment of
Appendix A gives a probability of success of the propulsion system of
0.969, and no degradation of the spacecraft bus reliability was considered
to be imposed by the propulsion system.
The comparative costs associated with the spacecraft bus for this
configuration are modest. They are due to bus structure and mechanical
subsystems, and amount to $8.5 million for development, and $10.7
million for production costs for the 1971 mission.
4. 6 Summary
The weight of the custom liquid propulsion system is 14,683 pounds,
of which 12, 18Z pounds is usable propellant, resulting in a mass fraction
of 0.83. This high mass fraction resulted from a more compact
arrangement of the propulsion system that had a minimum effect on
configuration, geometry, and look angles of the various subsystems within
the spacecraft.
The length of the vehicle is 208 inches, the maximum allowed by the
specification. Any future additional propellant requirements would cause
an increase in this dimension unless major revisions were undertaken in
the spacecraft design.
The modularity of the spacecraft design is very good. The propul-
sion system is inserted as a separate unit and bolted in place, and all
other equipment and panels can be removed separately.
Since this propulsion system utilizes the LEM engine, the identical
advantages accrue in the areas of prelaunch ground handling techniques
and operational support equipment that were previously described in the
modified LEM system.
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VI. SYSTEM COMPARISON
I. APPROACH USED FOR PROPULSION SYSTEM COMPARISON AND
SELECTION
The alternate propulsion systems studied in this volume must be
compared and evaluated from a standpoint of meeting the design, func-
tional and performance criteria established for the Voyager system. The
requirements of the 1971 mission and subsequent missions must be taken
into consideration. This is done by the presentation of Section III and by
the analyses of Sections IV and V, and Appendixes A and B.
The approach followed is a qualitative one, in which the alternate
spacecraft-propulsion configurations are compared with each other for
each of the various criteria, and judgement is exercised to attach the
appropriate relative importance to each comparison and to select the
best choice._:-" The results, in the present instance lead to a clear-cut
identification of the superior propulsion system alternate - the LEM
descent stage configuration.
Z. CRITERIA FOR COMPARISON
Major criteria for comparison were derived in Section III, and
discussed in relation to the JPg-defined five competing spacecraft design
characteristics. These comparison criteria include (ranked in the order
of relative importance):
• Performance
• Cost
• Flexibility
Probability of success
• Effects on spacecraft design
-':=Thequalitative approach, rather than a quantitative one, was chosen
because of the difficulty in devising a meaningful numerical rating
scheme. This difficulty is discussed in 3 of Section III.
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Compatibility with planetary quarantine requirements
Compatibility with prelaunch ground handling sequence
Modularity
• Testing and MOSE requirements
Of course, each of these criteria is comprised of a number of facets, as
outlined in Section III, and all of these facets are considered in the com-
parison.
Be QUALITATIVE COMPARISON OF FOUR CANDIDATE PROPULSION
SYSTEMS
Table ll compares the three principal candidate propulsion sys-
tems, i.e., the modified Minuteman second stage with liquid monopro-
pellant midcourse system," modified LEM descent stage, and modified
Transtage; plus the custom-designed liquid propulsion system. Cate-
gories of comparison are those listed in Section 2. Asterisks indicate
features in each candidate configuration which present a major relative
advantage.
The salient points of the comparison may be summarized as follows:
3. 1 Probability of Success
The numerical probability of mission success abstracted from
Appendix A accounts for component reliability as reflected in published
failure rate data, design simplicity, and component redundancy. The
superiority of the ZEMDI_-based alternates - the LEMDS configuration
and the custom liquid configuration - stems principally from the design
simplicity in the use of a single engine and a single pressurization-
propellant feed system for all the propulsive requirements of the mission.
Not incorporated in these assessments are specific areas noted
(effect of the solid-engine environment; uncertainty of factors leading to
stress corrosion for liquid systems), developmental maturity of the
design, and functional redundancy or flexibility leading to failure-mode
operation or partial success.
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Table II. Comparison of Four Candidate Propulsion Systems
COMPARISON FACTORS
SOLID
Minuteman Wing VI Stage 2
(modified for Voyager) plus
monopropellant mldcourse
LIQUID SYSTEMS
B L[M Descent Stage C Titan IIl-C Transtage D Custom Liquid
(modified for Voyager) (modHied for Voyager) Propulsion System
PROBABILITY OF SUCCESS
Assessed value for sample 0.949
mission profile (Appendix A)
Principal areas of uncertainty Effects on s_acecroft due
to engine exhaust plume
Developmental maturity _Conslderoble flight experience;
substantial modl flcofions
0.968 0.924 _ 0.969
Possible degradation in rellabHity due to stress corrosion of titonlum propellant tank_
by N20 4 .
(Mhfim_zed by reclucing tank
plessure dui.;ng interplarbetaly
phase)
Flight experience late '60s; Considerable flight experience; New tankage development
_m[i_irnum mod]f_cafions substantial modifications LEM engine
PERFORMANCE OF
1971 MISSION
&V for orbit Tnsertlon_ km/sec 2.00
(based an allocated weights) (Satisfies requirement)
Minimum AV OK for midcourse and orbit
AV error trim
Highest errol for orbit
insertion
2.]0
(Satisfies requirement)
*OK
2.29 "X" 2.37
(Exceed desired value) (Exceed desired value)
OK, but jeopard_znd by _OK
limlted propellant for
auxiliary engines
COST ($ MILLIONS)
Propulsion system and bus
structure and mechanical
subsystems (Appendix B)
Development 47.7
Productlan-- 1971 mission 30.8
Total 78.5
28.1 40.3 52.9
27.1 26.3 26.7
55.2 66.6 79.6
FLEXIBILI'[Y
Propellant sources for
high and low thrust
VarlableAV for orbit insertion
and accommodating mass change
Orbit _nsertion&V for 1975-77
weight allocations, km/sec
Ability to produce greater
impulse for future missions
Separate _ Common
No _¢ Yes
1.11 1,20
(Sub-margMal; may be in- (Acceptable)
creased 5% by using
Beryllium propellant)
Requires new solid motor _ Excess propellant capacity
development
Separate * Common
:_ Yes 4(- Yes
1.30 1.35
Excess capacity if Transtoge Requires new design
tanks restored
EFFECTS ON SPACECRAFT
DESIGN
Flight spacecraft length
Cross section area for power
Required by propulsion
environment
208 in. 208 in. 192 in. 208 in.
Fixed array * Fixed array DepLoyable panels required * Fixed array
for some solar array area
DeployabLe heat shield to Ablative nozzle extension Ablative nozzle extension Ablative nozzle extension
protect solar ceils
Protection for PSP
Low-galn antenna abandoned
or stowed
6. HAZARD TO PLANETARY
QUARANTINE
Possible ejection of contami-
nated solSd particles after
burnout
Possibility of meteorold-lnduced rupture of propellant tanks leading to structural disintegration and ejection
(Minlm_zed by lower cross (Minlmized by reducing tank
section of monoprodeHant pressure daring cruise)
tanks)
OUTSTANDING ADVANTAGES
OUTSTANDING DISADVANTAGES
• Flight experience • probability of success
• Simplest main engine • Lowest cost
• Flexibility
• Exhaust plume problem • Scope of modifications
• lnfiexlbiiity • probability of success
• Cost of development
• Probability of success
• Performance
• Cost of development
• Development status
* . .
Indicates superiority
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3.2 Performance of 1971 Mission
All candidate systems are satisfactory from a standpoint of
achieving the AV performance required by the mission. Payload capa-
bility increases from solid plus monopropel!ant system, to LEMDS to
Transtage and to customized configurations. Mission flexibility and
emergency backup mode capabilities offered by the liquid systems are
distinct advantages over the solid/monopropellant system.
3.3 Cost
Development cost considerations favor the LEM descent stage
system in view of its minimal modification needs, compared to the cost
of the extensive redesign for Transtage and the solid/monopropellant
system and for the custom-designed liquid system which would have to be
developed. Thus early outlays for developmental programs are mini-
mized. The production costs of all systems are similar, so the LEMDS
configuration is lowest in total cost.
3.4 Flexibility
This category includes additional 1971 mission capability and con-
tributions to future missions (as indicated in the Voyager tentative mis-
sion plan or otherwise) as outlined in 2.4 of Section III. Generally, the
liquid systems are superior to the solid motor configuration in this
respect. In particular, the LEMDS configuration, with its common
propellant supply for high and low thrust levels and its excess propellant
capacity, exhibits the greatest mission flexibility. Its orbit insertion
AV for 1975-77 weight allocations, while greater than that of the solid
motor, is the lowest of the liquids. However, it is easy to see how this
capability can be enhanced - by use of a nominal 8000-pound capsule
rather than i0, 000 pounds, or by devoting some of the additional 1000-
pound bus allocation for 1975-77 to increased propellant.
3.5 Effects on Spacecraft Design
This section summarizes points developed in Sections IV and V.
To a large extent, they have already been accounted for in the reliability
comparison (if they complicate the design on the mission sequence) or in
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the performance comparison (if they impose weight penalties). Thus,
this comparison per se is not given great importance in the selection.
3.6 Hazard to Planetary Quarantine
This criterion, while of primary importance to the Voyager mis-
sion, is difficult to evaluate with respect to propulsion systems. (Refer-
ence is made to Volume l, Appendix E, which considers possible con-
tamination processes based on liquid engines.) Offsetting factors seem
to make solid and liquid propulsion systems about equally desirable from
this point of view. The LEMDS configuration presents less hazard than
the other liquid systems, and possibly the least of all alternates.
3.7 Other Considerations
Other criteria include compatibility with the prelaunch ground
handling sequence, modularity, and testing and MOSE requirements.
While these are important factors to the conduct of the program, they
were not listed in Table ii because there were not significant differences
in the implications of these criteria on the alternate configurations. To
the extent the effects of these criteria can be measured in dollars, they
are treated (but considered essentially equal) in Appendix B.
The results of the qualitative comparison are summarized at the
bottom of Table iI. The configuration based on the LEM descent pro-
pulsion stage is selected because it
• Has superior probability of success
• Has adequate performance for the 1971 mission
• Requires the least cost
• Requires the least modifications
• Has the greatest flexibility for additional 1971 mission
capability as well as application to future missions
4. TASK B VERSUS TASK A
In the Phase IA (Task A) Study TRW selected a solid motor (with
monopropellant liquidmidcourse engine) for the Voyager spacecraft
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propulsion system. Here in Task B we have selected a liquid engine -
the LEM descent propulsion stage. It is certainly pertinent to examine
and review the study constraints which led to the reversal in recommen-
dation.
First, the increased size of the propulsion system, with the re-
quired available impulse about four times as great in Task B as in Task
A, has made it both possible and desirable to examine the applicability
of available current propulsion system developments. In Task A, choice
of either liquid or solid propulsion entailed essentially a complete de-
velopment. Whereas current solid engines seem to be sized as close to
the Task B requirements as liquid engines are, relatively small changes
in requirements result in a more substantial development program for
solid motors.
Second, the adverse heating of the spacecraft by the exhaust plume
of the solid motor is more serious in Task B. In Task A, a solid motor
was acceptable in this regard because (1) the smaller total impulse
resulted in a much lower total heat flux, and (2) the mission profile
called for use of the engine after the capsule was jettisoned, so that the
plume could be directed opposite to the direction faced by the solar cells.
Thus, in Task B, a much larger heat flux would impinge on the solar
array side of the spacecraft. In terms of heat absorption (and conse-
quent temperature rise), the Task B situation represents an aggravation
of the problem by a factor of 20: the integrated heat flux impinging on
the surface is four times as large, and the solar cells have an absorptiv-
ity five times as great as the reflective coating which would be applied
to the opposite side of the spacecraft as in Task A. In addition, the solar
cells are more sensitive to increased temperature than other exterior
components. Although an engineering solution was found to protect the
solar array, this solution carries a weight and reliability penalty, and
does not resolve all the problems associated with exhaust plume heating.
Third, the adoption in Task B of the descent-from-orbit mode for
the lander has put a premium on the flexibility of orbit attainment by the
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spacecraft. Evidence of this recognition of the versatility desired lies
in JPL study input data:
• Voyager 1971 Preliminary Mission Description, October 15,
1965, page 36, describes the extent of apsidal rotation de sired
in the establishment of the orbit.
• The addendum of November 22, 1965 on the capsule-space-
craft communications requirements imposes severe constraints
on the orbit to be achieved.
Neither of these statements prohibits the use of a solid motor with its
fixed impulse for orbit insertion; however, both indicate the desirability
of flexibly controlling the orbit insertion in a way which is much simpler
with the variable impulse of a liquid system.
Finally, in Task B, JPL for the first time has explicitly listed
cost as a competing characteristic to be considered.
All of these changes in study constraints have contributed to the
Task B TRW recommendation.
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APPENDIX A
PROBABILITY OF SUCCESS
I. INTRODUCTION
The purpose of this appendix is to generate and present data giving
comparable probabilities of successful operation of the alternate propul-
sion subsystem-spacecraft system configurations studied in this volume.
For a representative mission, the reliabilities of the alternate propulsion
systems are assessed, and, where appropriate, the reliabilities of those
spacecraft system components (outside the propulsion subsystem) which
are peculiar to the choice of propulsion subsystem are assessed.
Because these alternates comprise engines already developed for
other programs as well as components and systems which would be
developed for Voyager, the reliability source data are necessarily diverse
as to source, vintage, and appropriate interpretation. It is intended that
the comparisons drawn here validly account for this diversity.
Z. BASIS
A single sample mission profile was generated for the determination
of probability of success of all alternates. It consists of launch, a 6-
month interplanetary cruise during which three midcourse corrections are
interspersed, insertion into orbit about Mars, and one orbit trim maneuver
conducted after 50 hours in orbit. While this mission profii_ do_ r_ot
represent the maximum mission demand in terms of lifetime and number
of engine operations, it is representative of typical Voyager 1971 missions
in life and complexity. It is summarized in Table A-I. The differences
in the columns for the alternate systems are only those resulting from
different engine thrust levels, leading to somewhat different engine opera-
ting times for the same mission. (These differences have a minor effect,
because, as indicated by the analysis, the 6-month dormant period in
transit represents the dominant degrading influence on subsystem success
for the mission.) The sample mission makes no allowance for the value
of a partially successful mission, which could occur even though not all
the propulsion functions are performed.
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The extent or domain of the reliability analysis is also intended to
be comparable for the alternate systems analyzed. It is essentiallya
comparison of all reliability effects attributable to the propulsion sub-
system; but this includes not only the propulsion elements themselves,
but components of the spacecraft which are peculiar to the particular
propulsion design. In this latter category are included:
In the combination solid-liquid propulsion configuration,
the operation of the solar-panel shield, necessary to
avoid the extreme environment imposed by the engine
exhaust plume
In the Transtage configuration, the release and deploy-
ment of four small solar array panels, which is
necessitated by the fact that the 10-foot diameter of
the Transtage propulsion module occupies too much of
the available projected cross section area for a fixed
solar array to meet power requirements.
The domain of the analysis is limited in other dimensions by these inter-
face definitions :
The mechanical or pneumatic means of accomplishing
thrust vector control during engine operation is
included in the analysis.
The commands and electrical means of actuating
thrust vector controls are excluded.
All attitude control functions when the engines are
not firing are excluded.
Structural reliability is generally excluded. In this
regard, it is noted that within the spacecraft and pro-
pulsion weight summaries given in this volume is
included provision for meteoroid protection leading
to approximately the same probability that no
meteoroid penetrations will occur in propellant tanks
or solid motor (.988 in 6 months) for each alternate
design. To the extent that the different alternates
require different structural weights to achieve equal
structural reliability, this is accounted for in the
calculation of AV performance capability in this volume.
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3. RESULTS
The assessment of the probability of successful operation is made
for these five configurations:
• Combination solid-liquid propulsion configuration
(monopropellant midcourse engine)
• Alternate combination solid-liquid propulsion con-
figuration (bipropellant midcourse engine)
• LEM descent propulsion stage configuration
• Transtage configuration
• Custom liquid propulsion configuration.
These are the major alternates discussed in Volume 5.
The results of the reliability analysis are given in Table A-Z. For
each alternate configuration there is given an "over-all probability of
success" which applies to the operation of the propulsion system domain
discussed above over the duration of the sample mission. This proba-
bility is resolved by a coarse breakdown in Table A-Z, and supported by
the detailed analysis presented in succeeding tables of the appendix.
Table A-3 is a guide to this detailed analysis. Briefly, it
• Identifies the configuration by reference to sections
of Volume 5, and to figures in this appendix, and
defines the mission profile for that configuration by
reference to Table A-i.
• Refers to the basic applicable component failure rates
• Defines the applicable environmental K factors which
modify failure rates for different mission phases
• Locates the detailed analyses for each configuration.
(The tables and figures referred to in Table A-3 are all at the end of this
appendix. )
In addition to the "over-all probability of success" given, Table A-Z
lists an 'radjusted probability of success" in which factors are introduced
for which quantitative supporting data are not available, but which are
felt to have a real influence on mission success. These factors are dis-
cussed in Paragraph 5 below.
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The resulting probabilities of success, abstracted from Table A-2
are :
Configuration
C ombinat ion solid-monoprope llant
Combination solid-bipropellant
LEM descent stage
Transtage
Custom liquid propulsion
I TRW
Apollo
Ore r-all
Probability
Adjusted
Probability
.9684 .949
.9545 .935
°9678 t
.9913 .968
.9236 .9Z4
.9686 .969
The adjusted probabilities of success are highest for the alternates based
on the LEM de scent engine--the LEM de scent stage and custom liquid
configurations--next highest for the solid-motor configurations, and lowest
for the Transtage.
4. ANALYTICAL METHODS
For components whose performance is a single event essentially
independent of storage time preceding the event, the reliability, R, is
merely the probability of a successful performance of the event, as
established by type approval testing. Such components include solid
motor igniters, squib-actuated valves, and other electroexplosive devices.
Most of the components of the propulsion system, however, _ust perform
over a finite time span, and the probability of successful performance
decreases with the duration of the event, and with the length of time of
exposure to all mission operating conditions preceding the event. The
rate of degradation of the probability of successful operation is greater
during phases of severe environmental stress than during more benign
periods; this is accounted for in the mathematics of reliability by applying
a single failure rate, k (that corresponding a quiescent or benign environ-
ment), to a component, and accounting for the increased degradation in
severe environments by multiplying the actual time of exposure by an
environmental factor (K factor) to give a higher equivalent time. Thus
the contribution of a single phase (i) to the reliability of a component is
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-kK.t.
R. = e 11
i
The probability of n identical components all surviving the phase unim-
paired is
-nkK.t.
1 1R. = e
1
and the probability of surviving all phases (e.g., launch,
-nkK.t. -nkEK.t.
R = HR. = He I i = e i 1
1i i
cruise, etc.) is:
The term EK.t. is the equivalent time of the mission. It may be different
I I
for different components. In this analysis, the above equation is used
where the n identical components are nonredundant. Where redundancy
is effected in the use of components, the calculation of R accounts for
this redundancy appropriately.
Three general sources of component failure rate data were used in
the analysis: that from FARADA and TRW in-house experience; the
Martin Company (for Transtage); and Grumman via JPL (for gEM descent
stage, based on the Apollo mission). Examination of comparative failure
rates in Table A-4 shows wide variations between these sources. In
particular, the Grumman data is optimistic by about two orders of magni-
tude, compared with reliability estimates from the other two sources.
The imposition of environmental K factors also varies widely
between the analytical methods commonly associated with the use of the
different data sources. These differences are indicated by Tables A-5,
A-6, A-7. In this instance, however, the Grurnman-Apollo analysis
employs more severe environmental factors than the other analyses do,
thereby partially offsetting the effect of the optimistic component relia-
bilities. A different format for defining the K factors precludes direct
comparison; however, for all three methods, the interplanetary cruise
time has the greatest influence on the reliability assessment. For this
phase, the TRW and Martin techniques both use a K factor of i (although
Bureau of Naval Weapons Failure Rate Data Handbook
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a "criticality" factor of 0.5 is also applied, and Martin uses a modifier
of 0. i for certain "nonoperating" components), whereas the Grumman-
Apollo approach uses the higher K factor of Z0 for all pressurized com-
ponents during this phase.
Thus the Grumman-Apollo method, using failure rates about 0.01
times TRW's, and environmental factors 20 to 40 times as great, results
in probabilities of mission failure one-fifth to two-fifths those of TRW.
In fact, when applied to the LEM descent stage configuration for the
sample mission, the two approaches give probabilities of failure in the
ratio (i - .9913) : (I - .9678) = .0087: .03ZZ = .Z7. In order to arrive
at realistic, comparable probabilities of success we have, as indicated
in Table A-2, retained the results of only the TRW approach for the LEM
descent stage configuration. This is not to imply that the Grumman-Apollo
approach is unrealistic. It would not be unreasonable for a program with
the very extensive verification testing of flight hardware which is justi-
fiable for the Apollo project to actually result in effective component
reliability which is substantially greater than that which will be achieved
for an unmanned program.
With regard to the comparison of TRW and Martin data and analyses,
the two approaches appear to be about equally conservative, but the flexi-
bility of the Martin K-factor allocations permits the results to depend
strongly on the analysts' interpretations. Comparison of columns I and
2 in Table A-4 indicate greater reliability for LElvl con_poncnts than the
corresponding Transtage components by a factor of Z or 3; this is pre-
sumed to reflect truly the different demands of the Apollo and Air Force
missions. We feel that the Martin analytical method might, on the
average, be slightly more pessimistic about probability of success of a
system than the TIRW assessment of the same system. However, rather
than conduct a separate TRW analysis for Transtage, and disregard the
results of a study within Martin ground rules (as in the case of the
Grumman-Apollo approach), we have conducted the analysis within the
format of the Martin approach, but have used more optimistic interpre-
tations where permitted by the flexibility of the method, to insure
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comparability of the results with the TRW analyses of the other alternates.
Specifically, where Martin component failure rate data were lacking
(e.g., where a modification is introduced) care was taken to not only use
failure rate data compatible with TRW inputs, but to see that the environ-
mental factors were interpreted so that this component had the same
influence on the probability of success of the Transtage configuration as
it would have if in the LEIVi de scent stage configuration.
For the custom liquid configuration, no separate analysis was
required. The only difference, from the ELM descent stage configura-
tion, is the reduction in number of propellant tanks from four to two.
The probability of success was merely raised .0008 to account for this
change.
5. ADJUSTMENTS OF THE PROBABILITY OF SUCCESS
The calculations of probabilities of mission success based on
published failure rate data do not tell the whole story. For some of the
components which will comprise the propulsion subsystem (or indeed,
the entire Voyager spacecraft system) no published test data are presently
available, because these components have not been developed far enough.
For almost all of the components we are concerned with there are no test
data encompassing the entire scope of environments which will be encoun-
tered during the Voyager mission. The detailed analyses of this appendix
attempt to bridge these gaps by using test data of similar components,
where the actual component is as yet untested, and extrapolating existing
tests to the Voyager environment by the use of 14 factors described above.
Yet, where engineering judgment indicates that the use of past test data
falls short of a realistic prediction of the probability of success, we have
indicated this by adjusting the calculated probability. The principal
objective of this process has been to improve the comparison of the
different alternates; therefore, more emphasis is placed on relative
reliability than on absolute reliability.
With regard to the probabilities calculated for successful operation
of the solid motor, it was felt that the values of .9814 and .9950 for the
motor itself and the liquid injection thrust vector control should be
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decreased, primarily because the "single event" handling of these items
in the analysis does not account for their susceptibility to reliability
degradation during the 6-month cruise phase. We felt the figures should
be reduced to .976 and .985, respectively, to properly represent this
degradation.
On the other hand the solid motor failure rate itself may well be too
low. The indicated figure is supported by published test data; however,
tests for which data are not yet published have come to our attention,
showing somewhat lower failure rates. For this reason the solid motor
reliability number is raised by .010, so that motor and LITVC are
adjusted to .986 and .985, respectively.
Both the deployment of the heat shield to protect the solar cell array
from excessive heat radiated from the exhaust plume during solid motor
firing, and its refolding after firing to again expose the array to the sun
are critical to the success of the mission. We felt that the analytically
derived reliability, .9993, while a correct representation of the reliability
of the components described--mostly redundant, interior devices protected
from vacuum and heat--fails to reflect the degrading influences of 6 months
exposure of the shield petals and hinges to the vacuum environment, and
the exposure of these components to the equivalent heat of some Z0 suns
(actually 40 suns at 1.4 AU distance) while the motor is firing. This
feeling was reinforced by comparing with .9990 for the much simpler
Transtage solar panel release, a true one-shot event soon after inj_tlon.
The re sult was to adjust the heat shield reliability figure from .9993 to 985.
The above adjustments apply equally to the solid-monopropellant and
solid-bipr opellant configurations.
No corresponding adjustments were deemed necessary to the proba-
bilities of success for any of the liquid-engine alternates.
6. PRINCIPAL AREAS OF UNCERTAINTY
It is appropriate to discuss those facets of operation of the Voyager
spacecraft alternates for which uncertainty remains concerning the
accuracy of the reliability estimate. The preceding section considered
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those areas in which the computed probability of success was deemed to
be biased. Appropriate adjustments were made. This section addresses
areas in which the adjusted probabilities may well be in error; however,
it is more an uncertainty than a bias, which we seek to identify.
In the solid-motor alternates, the influence of the motor-imposed
environment on the spacecraft bus might be further considered. True, we
have used an engineering solution (the use of a deployable heat shield) to
cope with the most prominent effect of this environment--the impingement
of intense radiant heat flux from the exhaust plume on the solar array
panels, and have accepted the penalty in weight and in reliability resulting
from this solution. But there are other influences of this environment.
These include:
The effect of the same radiant heat flux on the
Planetary Science Package (PSP). The PSP is
deployed outward early in the mission, and is
outside the protection afforded by the shield. It
would be difficult to locate it in a position during
orbit insertion which would give protection from
the heat flux without introducing considerable com-
plexity in spacecraft geometry, deployment mecha-
nization, center-of-mass control, and command
structure. On the other hand, letting the PSP remain
exposed may require a weight and reliability penalty
in using thermal insulation to protect the PSP and its
associated drive mechanism.
The high- and medium-gain communications antennas
must be articulated outward or forward to avoid con-
flicting with the heat shield deployment. If outward,
the antenna drive design must be capable of coping
with the adverse g-loading and the antenna is not
fully protected from the radiant flux. In any event,
the requirement for a preferred location is likely to
limit or preclude the use of these antennas for com-
munication to verify the spacecraft orientation for
the maneuver.
The low-gain antenna, deployed parallel to the roll
axis in the liquid-engine alternates, would thus be
located where it is extremely vulnerable to plume
heating during orbit insertion. Several possible
solutions exist: (I) Stow the low gain antenna in its
launch position during orbit insertion, and redeploy
afterward; (Z) Conduct the entire mission with an
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antenna which does not project from the solar array
plane (as in the TRW Task A design); (3)Abandon
the low-gain antenna capability at orbit insertion (in
this case it could be mounted in the nozzle, and
blasted out at ignition); or (4) Have two low-gain
antennas--one deployed for early-mission use, and
one in the solar array plane for late-mission use--
and a switch. It is clear that some penalty--weight,
communications coverage, operational complexity,
or reliability degradation--is incurred by each of
these solutions.
In summary, there are aspects of the solid-motor environment which may
not have been accommodated by the design to the extent it has been refined
in this study, and which may well decrease confidence that the reliability
analysis encompasses all the effects--environmental and operational--
which may be induced.
A significant uncertainty in the reliability analyses is related to the
possibility of stress corrosion of titanium propellant tanks containing
N304 oxidizer. This uncertainty, which is the result of a paucity of test
data, applies to all the liquid-engine alternates (LEM descent stage,
Transtage, and custom liquid configurations) as well as to the combination
solid-bipropellant alternate. This is the principal (but not the only)
uncertainty associated with what is generally considered the "space
storability" of liquid propellants. Again, should developmental testing
confirm that this is an obstacle, there are alternate approaches, some
of which can be expected to overcome the problem: use of additivies in
the N304 to inhibit corrosion; use of aluminum rather than titanium tanks;
lining the tanks. Again, various penalties may accrue. The LEM descent
stage configuration may be less susceptible to stress corrosion effects,
because of the reduction in tank pressure for the majority of the time of
the mission.
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Table A-4. Summary of Component Failure Rates
(Rates are expressed as failures per 10 6 hours)
Column
Data Source
Applicable to
Environmental Factors
accordin_ to:
Component:
Pressurant tank
Fill and drain valves
Cap
Filter
Solenoid valve
Explosive valve (dual squib)
Relief valve
Burst disk
Thrust chamber, main
Venturi or orifice
Regulator
Fitting
Accumulator
Pressure switch, per contact set
Check valve
Quad check valve
Thrust chamber, ACS
Propellant tank
Bladder
Bipropellant valve
Pilot valve
Jet vane assembly
Bellows
1 2
FARADA, TRW Martin
LEMDS configuration, Transtage
custom liquid configura- configuration
tion, and midcourse
engine of combination
solid-liquid configura-
tion
3
Grumman
LEM, Apollo
Mission
Table A-5 Table A-6 Table A-7
• 08
• 123
.6
196
56
#
O9
67
6
#
112
15
671
02
.18
• 079
2.71
2.23
• 07
5.7
.2
.3
11.0
• 09 (b)
5.7
.6
15.0 (d)
2.03
• 07
• 07 (b)
.50
5.0
1.5
• 18
.60
9.6
3.2
• 0029
• 0025 (a)
• 0005
• 0137
• 0515
• 0054 (c)
• 152
• 0264
.0117
• 0029
Sources:
(*)Asterisked items are based on TRW test data
(a)Include s cap
(b)Martin value not available, TRW or FARADA data used
(C )Include s burst disk
(d)Martin value not available, estimated from TRW experience
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Table A-5. Environmental K Factors
Applicable to LEMDS configuration (based on FARADA, TRW
failure rate data), custom liquid configuration, and midcourse
engine of Combination Solid- Liquid Configuration
Mission Phase Environmental K Factor
Boost
Interplanetary c rui se
Midcour se corrections
Orbit insertion
Orbit cruise
Orbit trim
I000
I
50
I00
1
50
In addition, a factor of 0. 5 is applied for pressurization-
propellant feed system components (when not operating) to
represent the fraction of failures which are considered
critical to the mission.
Table A-6. Failure Kate Modifying Factors
Applicable to Transtage Configuration
Equipment Boost
Environmental Factor (K)
Main
Engine ACS Nonope rating
Cruise Firing Firing Modifier
A. Main engine components
1. All components except 70 1
engine components
2. Engine components 30 1
B. ACS
1. All components except 70 1
engine components
2. Engine components 770 1
50 3 0. I
940 3 0.i
50 3 0.i
145 3 0.I
In addition, a factor of O.5 is applied for pressurization-propellant feed system
components (when not operating) to represent the fraction of failures which are con-
sidered critical to the mission.
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Table A-7. Environmental K Factors
Applicable to LEMDS configuration (based on
Grumman-Apollo failure rate data)
Mission Phase Environmental K Factor
Component ope rating
Component not operating,
but under pressure
Component not operating,
and not under pressure
200
20
0.1
Table A-8. Solid Motor Probability of Success
(Combination Configuration)
Component
Component Number
Number, 6Failure Rate, of Cycles
n 1 0" Failures/Cycle Operation
Reliability
Igniter 1 Z, 237 (a) 1
Motor 1 18, 600 (b) 1
Thrust vector 1 5, 000 (c) 1
control (liquid
injection)
.9978
.9814
.9950
Sources:
(a)Minuteman Stages I, Z, 3 (753 tests--l failure)
Nominal 50 per cent confidence = .00Z237
(b)AIAA Paper 65-165, "Malfunction Sensors for Large Solid
Rocket Motors"
(C)jPL Memorandum 33-219, page 3, i0 May 1965
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Table A-9. Solar Panel Shield Reliability
(Combination Configuration)
Data Operating
Item Failure Rate Source Time-Hr s
Probability
of Failure Reliability
Squib 300 x 10-6/Cycle (a) ....
Actuation spring . 012 x 10-6/Hr. (b) 4320
Cable . 02 x 10-6/Hr. (c) 4320
Cable cutter 13800 x 10-6/Cycle (d) ....
.0330 .937
.0452 .9448
.0486 .9414
.0138 .9862
Reliability of cable cutter assembly = Rsqui b Rcutter
= C.937)(.9862)
= .9859
Probability offailure of cable cutter assembly
Reliability of dual cutter assemblies = 1 - Q2
Reliability of shield operation =
Sources:
Ca)
(b)
(c)
(d)
Q = 1 - R
= l -.9859
= .0141
= 1 - (.014172
= .93801
(Rredund. cutter) (Rcable) CRspring) (Rredund. cutter)
x (Rcable)= (.93801)(.9414)(.9448)(.93801)(.9414)
= .93336
TRW experience includes 2000 firings with zero failures which indicates a
failure rate of 3 x 10 -4 at 50 per cent confidence level.
FARADA, page 2. 374, source 138 (Martin) October 1963.
FARADA, page 2. 283, source 138 {Martin} October 1963.
TRW development and qualification tests of bolt cutter assemblies disclosed
50 successful cuttings, without failure. This would indicate a failure rate
of . 0138/cycle with 50 per cent confidence level.
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Table A-_0. Monopropellant Liquid Midcourse Engine
Probability of Sucess
(Combination Configuration)
Component
Component Equivalent
Number, Failure Rate Redundant Time,
n per 106 hours, EKiti,
k hour s
Mission
Reliability,
R
Fill and hand valve
Pre ssurant tank
Propellant tank
Filter
Tank bladder
Regulator quad
Relief valve
Connections (fittings)
Squib valve complex (pressurant
Squib valve complex (propellant)
Thrust section
4 Injectors
4 Thrust chamber assemblies
4 Thrust vector control assemblies
Z Squib valve switching devices
Total monopropellant system
Z
Z4
1
• 00000007 (a)
•080(b)
• 180 (b)
• 196 (b)
• 079 (b)
• 671 (b) for
each regulator
• 670 (b)
• 0z0(b)
Yes - assumed Z340 . 99999
capped
No Z340 .9996Z
No 2340 .999i6
No 154 (d)-- .99994
No Z340 . 99964
Yes - within -- . 99999
quad
i %
No Z34 IcI . 99971
No Z340 .99887
Yes, by use of -- .99999
solenoid valve
Yes, by use of -- .99770
solenoid valve
Mission relia- Yes
bility for each (two redundant
item pairs of
thrusters)
• 99937 .... /
• 99855 -- i
• 99959 --
• 99967 --
•99997
• 9946
Sources:
(a)FARADA - page Z.403 - Source83 (Grurn_rnan 196I) indicates 6. 15 x 10 -6 for A/C. I_b basic
equivalent is 1/50 or IZ3 x 10 -v. Cappin_g valves wi_h O-ring (failure rate of .6 x I0 "u) decreases
valve failure rate as follows: (12.3 x I0 -v) (.6 x I0- ) = •01373
(b)FARADA, TRW: Table A-4, column l
(C)Since the relief valve incorporates a burst disk which will minimize the probability of valve seat
leakage, the environmental factor is reduced one order of magnitude
(d)Lower factor due to omission of filter failure probability during coast phases
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Table A-If. Bipropellant Liquid Midcourse Engine Probability
of Success
(Alternate Combination Liquid-Solid Configuration)
ComPonent Equivalent Mission
Component Number, Failur_ Rate Time,
n t per 10u hours, Redundant 5_Kiti Reliability,
k hours R
Pressurant Subsystem
Fill valve I . 00000007 (a) Yes - assumed Z340 - 99999
capped
Relief valve 3 .670 (b) No Z34 (c) .99956
Helium tank 2 .080 {b) No Z340 .9996Z
Squib valve complex I --- No --- • 99999
Filter I . 196 (b) No 154 (d) .99997
Regulator quad I .671 (b) for Yes - within --- .99999
each regulator quad
Dual check 2 .828 (c) for Yes 2340 .99998
each check
Connection 16 . 0Z0 (b) No 2340 .99926
Total pressurant subsystem . 9986
Propellant Subsystem
Propellant tank 4 . 180 (b) No 2340 .997Z8
Start bellows Z Z. 3 No Z340 .98910
Fill valve 2 . 00000007 (a) Yes - assumed 7-340 . 99999
Capped
Squib valve complex Z --- No --- . 99539
Filter 2 . 196 tb)" No 154 (d) +99994
Thruster 4 Mission relia- Two redundant
bility (each) pairs
Injector .99937
Thrust chamber assembly .99855 I .99997
Gimbal assembly .99959
Squib valve (as switch device) 4 .99967
Total propellant subsystem .9818
Total bipropellant system .9804
Sources:
-6
(a)FARADA, page 2.403 - Source 83 (Gruxnman 1961) indicates 6. 15 x 10 for aircraft. Basic lab equivalent is
1/50 or 123 x 10 -9 Capping valve to reduce leakage potential would decrease fail rate to .000000073
(b)FARADA-TRW: Table A-4, column 1
(C)Environrnental factor reduced one magnitude because relief valve incorporates a burst disk which minimizes
probability of relief valve leakage
(d)Lower factor due to omission of filter failure probability during coast phases
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Table A-12. LEM Descent Stage Configuration Probability of Success
(Component Failure Rates perFARADA, TRW)
Co,nponent Equivalent Mis sion
Nm_be r, F all u r_e Rate Redundant Time
n per 10"w hours, EKit i Reliability,Component R
k hours
Propulsion System
Helium tank 2 . 08 (a) No 2340
Filter 7 . 196 (a) No 2340
Latching solenoid valve 2 .56 (a) Yes 487*
Squib valve 2 1 .09 (a) In part --*
per firing
Regulator Z . 67 l (a) Yes 487*
Quad check valve 6 • Within quad _
Fill and drain valve 7 . 10 (b) Yes - assumed 2340
capped
Propellant tank 4 . 18 {a} No 2340
Start tank - bellows 2 2.33 (a) No 2340
Relief valve 3 .4 (a) Yes - burst disk 2340
included
Quad solenoid valve 4 _* Within quad _*
Orifice 4 . 15 (a} No 2340
Cavitating venturi 2 . 15 (a) No 2340
Thrust chamber assembly (includes 1 11.2 (a) No 165 (c)
injector, chamber, and nozzle)
Pmtle actuator 1 3.6 {a) No 165 (c)
Lines and fittings z0 . 02 (a) No 2340
Total Propulsion System
GimbaIs (2-axis) 1 3. 9 (d) No 2340
.99960
.99651
.99947
99987
99937
99989
99725
99832
9896
.99700
.99999
.99987
.99993
.99815
.99940
.99906
.9736
.9940
*Effects of several failure modes and redundancy are considered.
Sources of component failure rate data:
(a)FARADA, TRW: Table A-4, column 1
(b)Adjusted from Table A-3, column 1 to account for redundancy of cap
(C)Adjusted to account for nonoperating periods
(d)FARADA, TRW: Gomposed of 2 gimbal actuators and 2 gimbal bearings, k actuator - 1.8, k gimbal - . 1.
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Table A-13 Transtage Configuration Probability of Success
Component Equivalent Mis sion
Component Number, Failure Rate Time
n per 10 6 hours, Redundant _Kit i Reliability,
k hours R
Main Engine Assembly
Helium tank 2 . 07 (a) No 4500
Fill and drain valve 5 5.7 (a) Yes - assumed I. 05*
capped
Filter 2 • 3 No 450 (b)
Quad solenoid valve 1 * Within quad *
Accumulator 1 . 07 No 4500
Pressure switch 1 * Assumed quad *
Relief valve 1 * Assumed redun- *
dant squibs
Check valve 4 5.0 (a) Yes - 2 in series *
Propellant tanks (includes check 2 5. 18 (a) No 590
valves, traps, and screens)
Burst disk Z .6 (a) No Z 1
Lines and fittings 30 • 02 (a) No i 167
Bipropellant valve 2 4• 8 (a) No 390
Solenoid valve Z I I No 390
Pilot valve Z 3• Z (a) No 390
Thrust chamber assembly Z 15 (a) No I05 (b)
Total Main Engine Assembly
Main Engine Gimbals (two-axis) Z 7,6 (c) No 550 (b)
Attitude Control System
Helium tank I .07 (a) No 4500
Regulator and filter 2 * Yes *
Filter 1 . 3 (a) No 450 (b)
Check valve 4 5. 0 (a) 2 each in series *
redundancy
Relief valve 2 5.7 (a) No Z 15 (b)
Propellant tanks Z . 18 (a) No Z340 (g)
Bellows for starting Z Z. 1 (f) No Z340 (g)
Fill valve 3 * Capped *
._/anifo!¢1 Z Z• 9 (d) No 550 (b)
Solenoid valve 8 I I(a) No Z40
Thrust chamber assembly (includes 8 I. 5 (a) No 980*
injector, chamber, and nozzle)
Lines and fittings 33 . 0Z (a) No Z 167
Total Attitude Control System
Spacecraft Equipment
Solar panel release 4 1 I. 9 (e) No 2 1
99937
99999
99973
•99998
• 99937
• 99998
• 99999
• 9994 1
• 994 1
99997
9987
99353
99149
99771
99685
• 9704
• 9916
•99968
.99999
•99987
.99941
99754
99916
9896
99999
99849
9791
99883
.99858
.9608
.9990
*Effects of redundancy are considered.
(a)Martin; Table A-4, columnZ
(b)Adjusted for nonoperating portions of mission
(C)Includes Z actuators and bearings each
(d)Martin Reliability Manual; two actuators and bearings per engine
(e)one actuator and squib valve assumed for each point
(f)TRW-FARADA: Table A-4, column 1 (no bellows on present Martin Transtage)
(g)Comparable LEM K factors used, to insure comparative influence
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Table A-14. LEM Descent Propulsion Subsystem Reliability
Estimates for Apollo Mission (Supplied by Grumman)
Equipment E stin_ate
DESCENT PROPULSION SUBSYSTEM
Descent Engine, Variable Injector
Propellant Press and Feed Subsystem
Coupling, fuel, manual disconnect, fill and drain
Coupling, oxidizer, manual disconnect, fill and drain
Tank, helium, storage
Filter, helium, in-line non-bypass
Valve, helium, latching, solenoid operated
Valve, helium, explosive operated
Valve, helium, pressure reducing
Valve, helium, pressure relief and burst disk
Coupling, fuel, manual disconnect, fill and vent
Coupling, oxidizer, manual disconnect, fill and vent
Coupling, helium, manual, disconnect, fill
and test point
Valve, helium, quad check
Filter, fuel, in-line, non-bypass
Filter, oxidizer, in-line, non-bypass
.998830
.999688
.999142
.999995
.999995
.999994
.999999
.999972
.999895
.999946
.999989
.999995
.999995
.999995
.999976
.999999
.999999
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LIQUID INJECTION
THRUST VECTOR CONTROL
Figure A-I. Solid Propellant System
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Figure A-Z. Monopropellant System for Midcourse and Orbit Trim
(Combination Solid- Liquid Configuration)
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Figure A-3. Bipropellant System for Midcourse and Orbit Trim
(Alternate Combination Solid-Liquid Configuration)
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Figure A-5. Transtage Main Engine Propulsion System
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APPENDIX B
COST
1. GENERAL
One criterion for the selection of the preferred Voyager spacecraft
propulsion system is cost. An initial evaluation has been made of the
development and production costs of the four alternate propulsion sys-
tems to determine over-all effect on the Voyager spacecraft project
costs. The results of the study indicate that the LEM descent stage con-
figuration will be the least costly.
The cost analysis has been made based upon budget and planning
factors generated by TRW from historical data on other spacecraft pro-
jects, quotation for similar items, and engineering judgments.
The approach to the study was to isolate items common to all
configurations and concentrate only upon unique items. The electronic
subsystems are similar for each configuration and were not considered.
For the LEM descent stage, Transtage, and custom liquid configurations
the assembly and test sequences are essentially the same and were,
therefore, not costed. Although the assembly sequence of the combina-
tion solid-liquid configuration would differ slightly from that of liquid
configurations, the cost difference was not considered to be a significant
factor. The assembly, shipping, and handling equipment are different
for each configuration but cost differences were not considered signifi-
cant enough to be analyzed in detail. The cost analysis concentrated on
an estimate of the development and production costs for the structural
and mechanical sybsystems and the propulsion system. The results of
the analysis are presented in Table B-I. Costs varied from a low of
55. Z million for the LEMDS configuration to a high of 79.6 million for
the custom configuration. The solid configuration cost is 78. 5 million,
approximately the same as the custom. The Transtage configuration is
66.6 million. The overriding reason for the lower LEMDS cost is
because of the lower development costs for adapting the LEM descent
propulsion stage to the Voyager mission. Bus development costs are
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Table B-I. Cost Comparison Voyager Configuration
(Dollars in Millions)
Solid LEMDS Transtage
Custom
L_quid
Bus development
Propulsion system
development
Total Development
Bus production
Propulsion system
production
Total Production
Total
$ii.5 $ 8. i $i0. I $ 8.5
36.2 20.0 30. 2 44.4
$47.7 $Z8.1 $40.3 $5Z. 9
$12.0 $10. Z $i0. I $10.7
18.8 16.9 16. Z 16.0
$30.8 $27.1 $26.3 $26.7
$78.5 $55.2 $66.6 $79.6
No te: Bus development and production costs are for structural and
mechanical subsystems only. Costs include all direct labor,
material, burden and fee.
essentially the same for all configurations. Production costs, except
for the solid configuration, are almost equal.
The LEM descent propulsion system development costs are lower
than the other three alternatives principally because it is a developed
stage for long lifetime mission. The Transtage is a developed stage;
however, it is used for short duration missions and requires major
redevelopment to be used for the long duration Voyager mission. The
solid and custom liquid configurations require major new structural
development and the solid requires a major adaptation of an existing
engine.
2. DEVELOPMENTAL COST CONSIDERATIONS
The developmental costs for the four configurations have been
divided into the structural and mechanical development associated with
the spacecraft bus and the structural, mechanical, and propulsion
development required for the propulsion stage.
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The spacecraft bus structure is essentially the same for all con-
figurations. The development costs of the bus structure for the LEM
descent stage are the lowest principally because of the well defined
interfaces with the existing LEM descent stage; sizing of the LEM
structure for the Saturn V, and no requirements for deployment of solar
panels or heat shields. The custom liquid configuration bus structure is
substantially the same as that for LEMDS. The Transtage configuration
represents a substantially more complex design for the bus structure
because the basic Transtage is sized for use with the Titan III and a new
design structure to tie into the shroud is needed. Further, deployable
solar panels are needed for Transtage which complicate development.
For the solid configuration the complicating design requirements are the
deployable heat shield and the heavier structure required for the solid
motor.
The LEM descent propulsion stage requires a number of modifica-
tions for use with Voyager. Structural changes include lowering the
engine, deleting the legs and outrigger, providing added micrometeoroid
protection, and adding supports for reaction control elements. The
LEMDS feed and pressurization system are modified to reduce propel-
lant storage pressure, add a start system and add filters. Engine modi-
fications include replacement of the radiation skirt with an ablative skirt,
modification of the throttle linkage for two speeds, and removal of valves.
Finally, new gimbal actuators must be developed.
Development costs of the Transtage propulsion system are i0.2
million higher than those of the LEM descent propulsion system. The
Transtage development is considerably higher principally because
Transtage was not designed as a long lifetime system. The long lifetime
requirement necessitates a major change in the feed and pressurization
systems including changing of tank volumes, brazing and welding of all
plumbing joinings, addition of a start system, and modification of the
altitude control system used for propellant settling. The engines are to
be modified to use an ablative skirt and finally new gimbal actuators are
to be designed.
The solid configuration requires the development of a new solid
motor, a new midcourse engine, and a new structure. The solid motor
-177-
TRWsYsTEMS
is a scaled down version of the Minutenaan Wing VI second stage motor.
The changes to the motor, in addition to size scaling, involve a redesign
of the case, removal of the roll control, revisions to the TVC pressure
system, design of a new nozzle and nozzle extension, plus removal of
external insulation. For midcourse correction a new hydrazine engine
with feed and pressurization system must be developed. Finally, the
structure for the propulsion system must be designed.
The most expensive alternative is the design of a new configuration
based upon the LEM descent engine. For this alternative the same
engine modifications as required for the LENDS configuration must be
made. Moreover an entirely new feed and pressurization system and a
new structure must be designed and qualified.
In summary the development costs, particularly those of the pro-
pulsion systems, most strongly influence the cost differences between
the various configurations. The LENDS configuration is the least costly
principally because it is a developed stage for space exploration. The
Transtage is also a developed stage; however, major propulsion system
changes are needed to adopt it to a long life span mission. The solid and
custom liquid configurations represent major new development programs
and costs are proportionately higher than either DEN or Transtage. The
selected LEM configuration development costs are roughly one-half the
custom liquid configuration, 60 percent of the solid configuration, and
about 70 percent of the Transtage.
3. PRODUCTION COST CONSIDERATIONS
Production costs are based upon producing nine systems: three
flight, a proof test model, a propulsion interaction model, and four type
approval test units. For the solid configuration an additional Z0 engines
are added to the production figures to cover the needs for type approval
testing and propulsion interaction tests. For the liquid configurations
the propulsion system production costs include all structure, the thermal
control, the engine (or engines) the fuel tanks and plumbing, the pressur-
ization tanks and plumbing, and the integration and acceptance test of the
propulsion system. Similarly in the solid configuration the propulsion
system production costs include all structure, the solid motor, the
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midcourse engine and tankage, and the integration and acceptance test of
the system plus Z0 additional solid motors. The production costs of the
bus structures include only the costs necessary to produce the structural
assemblies and do not include any costs for integrating with other space-
craft subsystems.
Production costs for the liquid configurations are all essentially
equal. Even though the custom configuration is a completely new design
and has never been produced the expected propulsion system costs are
equal to the other liquid alternates principally because a smaller and
simpler structure would be utilized. Discounting the additional solid
engines, the production costs of the entire solid configuration would be
equal to the liquid alternates.
The production costs of the solid configuration bus structure is
expected to be higher than the other alternates because of the consider-
ably heavier trusses and supports. The bus structure for the liquid
configurations are expected to be similar with the Transtage configura-
tion slightly more expensive because of the requirement for deployable
solar panels.
In summary, production costs for the alternate liquid configurations
are essentially equal and are not a factor in configuration selection. The
solid configuration is penalized in low production quantities because of
the number of motors expended in test. Even considering the 1973 and
1975 mission the total solid ........ " -_11_+_ _ w_11 he greaterCOII_LL__IOn _,_ _, ................
than any of the liquids.
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APPENDIX C
EXHAUST PLUME HEATING
I. SUMMARY
Plume heating effects caused by liquid and solid propulsion systems
upon the Voyager flight spacecraft were examined. The results of the
analyses establish the need for a radiation shield to protect the solar
array for the solid propulsion systems. On the other hand, heating effects
of the solar array and of other external equipment caused by exhaust
plumes from the candidate liquid engines were determined to be negligible.
The results of the study are not surprising since radiant heating from a
solid particle plume is considerably greater than that from a gaseous
plume.
The propulsion systems considered were:
• Solid Propellant Systems
a) Minuteman Wing VI 2nd stage, modified
b) Minuteman Wing V Znd stage
• Liquid Propellant Systems
a) Titan IIIC Transtage
b) LEM descent stage
2. SOLID PROPELLANT
2. i Re suits
The results of the analysis for the solid propellant system are pre-
sented in Table C-l, and in Figure C-I. The results presented in
Table C-1 are for the outboard edge of the array, which, as shown in
Figure C-1, receives the greatest amount of incident heat flux and thus
experiences the greatest temperature rise. Presented in Table C-I are
incident heat fluxes for several spacecraft configurations examined and
the corresponding temperature rise of the solar array at the end of a
100-second deboost firing. As shown, for the configurations examined,
the temperature rises at the end of firing are excessive and exceed the
maximum allowable array temperature of Z48°F. The need for a radia-
tion shield is readily apparent. Therefore, it was conservatively
-181-
TRWsvSTEMS
Table C-I. Solid Propellant Motor Plume Heating Results
PROPULSION SYSTEM
MODIFIED MM WING VI
MODIFIED MM WING VI
MODIFIED MM WING VI+'*
WING VI
WING V (4-NOZZLE)
AXIAL
DISTANCE
(,,,)
FEET
-6.46
-9.17
-9.3
-12.7
-6.46
RADIAL
DISTANCE
(x)
FEET
1o
I0
IO
I0
1o
INCIDENT i TEMPERATUREAT
HEAT THE END OF
= LUg, 100 SEC FIRING
BTU/FT z HR
146_
_60
83oo
4200
9250
115o
900
80o
320
85o
REQUIRED PLUME
SHADING *
FEE.T
38
34
25
25
25
INSULATION / j
*THE LENGTH OF PLUME, AS MEASURED FROM THE NOZZLE
EXIT DOWNSTREAM, WHICH MUST BE SHADED FROM OUTBOARD 4_
EDGES OF THE ARRAY. Y
**DETAILED RESULTS PRESENTED IN FIGURE C-I _X -I_
II
!
MAXIMUM ALLOWABLE SOLAR
ARRAY TEMPERATURE= 248°F
,,.,_. SO LAR ARRAY
= 1 FOR PLUME RADIATION
• = 0.8 FOR SOLAR ARRAY
WCp = 0.17 BTU/HR-OF FOR SOLAR ARRAY
Z
i0 4
103
,o2
+0
/
I
BY THE METHOD OF MORIZUMI
J
,_ND CARPINTER_
_-- _AEROJ ET
10
RADIAL DISTANCE FROM CENTERLINE OF NOZZLE, FT
Figure G-1 Incident Heat Flux
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determined what lengths of plume, as measured from the nozzle exits
downstream, must be shaded from the outboard edges of the array to
limit the incident flux to less than 400 Btu/hr ft2.
2.2 Analy sis
Two independent analytical techniques were used to evaluate incident
radiant heat fluxes, both of which have been corroborated by test data.
The first of these techniques is the method proposed by Morizumi and
Carpenter.(1) The analysis treats radiation from a cloud of particles as
that from an equivalent radiating surface. Thus, the problem is reduced
to the determination of proper values of the apparent surface emissivity
and the effective temperature. In defining the apparent emissivity, an
analogy with neutron scattering for a cylindrical cloud is adopted which
shows the apparent emissivity to be dependent on particle emissivity and
cloud optical thickness. Since the plume is nonuniform in particle size,
concentration and temperature, averaging techniques are used to define
mean values of optical thickness and temperature. The particle flow-field
(particle concentrations, temperatures, and trajectories) necessary to
determine these two quantities was provided by a two-phase flow-field
computer program. (2)
The second technique, which was used to evaluate the bulk of the
data presented, is a simplified method of analysis in which the plume is
assumed to be a cylindrical body of finite length and constant temperature.
The effective plume dimensions and temperature a.re ba_ed on engine and
nozzle parameters. ;:' Comparison of the two methods of evaluating
(i) Morizumi, S.J. and H. J. Carpenter, " Thermal Radiation from the
Exhaust Plume of an Aluminized Composite Propellant Rocket, "
Journal of Spacecraft, Vol. i, No. 5, September-October, 1964.
(2) Nickerson, G.R. and J. R. Kliegel, " The Calculation of Supersonic
Gas-Particle Flows in Axi-symmetric Nozzles by the Method of
Characteristics," TRW Systems Report 6120-8345-MU000, May 1962.
_':"The method is documented in TRW Systems, Voyager Spacecraft,
Phase IA, Part A Study Report, Vol. 5, Appendix I, p. D-30.
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incident heat fluxes along with vendor data _:"is presented in Figure C-I.
As shown, the two methods and vendor analysis agree quite favorably.
3. LIQUID PROPULSION SYSTEM
3. 1 Results
Plume heating by connection and radiation were considered in the
analysis for the liquid propellant systems. The LEM descent stage
plume was analyzed in detail while the Transtage plume was analyzed
by comparing engine parameters of the two systems and then judging the
relative magnitudes of the environments. This approach was motivated
by conservative results of the LEM descent stage which show negligible
heating of the array, causing temperature rises of less than 5°F.
3.2 Analy sis
Plume heating from a liquid engine is inherently less than that from
a solid motor due to the lack of molten solid particles. This in conjunction
with lower exhaust temperature s conside rably reduce s radiant heating.
Convective heating caused by gaseous impingement is essentially the same
for both liquid and solid propellant systems and is generally low.
3. 2. i Convective Heating
Flow properties within the LEM plume were generated using the
method of characteristics. It was conservatively assumed that all
kinetic energy is transformed into thermal energy as the expanding gases
strike a surface. Transformation of energy was assumed to be indepenent
of body shape, size, or surface inclination, but solely dependent upon
location within the plume. This method lends itself to a conservative
examination of the convective thermal environment. The equation for
heat transfer used is:
= I/2 m V 2 = I/2 pV 3
where
rn = mass flow rate through a unit cross-section area
V = gas velocity
p = gas density
"Provided by Aerojet-General Corporation.
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The convective heat transfer distribution for the LEM engine is presented
in Figure C-2 for operation at the higher thrust level for orbit insertion.
In nearly all configurations analyzed, the plume did not impinge upon the
solar arrays. However, from Figure C-2 it can be seen that exhaust
plume impingement would impose negligible heat transfer rates should
this occur.
3.2.2 Radiation Heatin_
A prediction of the radiant heat flux of the LEM plume was made
using data from the characteristic net analysis as a basis for a conserva-
tive estimate of the effective plume temperature. The apparent emissivity
of the plume was taken to be 0. I. The simplified method of analysis pre-
viously described was then employed.
The results of analysis are presented in Figure C-3 for flat surfaces
oriented normal to the plume centerline (facing both upstream and down-
stream) and for a surface facing the centerline. It is apparent that the
heat transfer rates in the regions of the arrays are of a negligible level.
The solar array for the selected configuration is located approxi-
mately four feet from the nozzle exit. It can be seen in Figure C-2 that
the plume would not impinge upon the solar array. This remains true
even if the engine is gimballed hard-over. Even if the plume were to
impinge on any component in the vicinity of the array, the heating rate
would be much less than i0 Btu/ft2hr, a negligible flux, causing a tem-
perature rise of less than 5U F.
The omni-antenna and magnetometer locations for the configuration
based on the LEM descent stage are given as a radial distance of i0 feet
and an axial distance of I0 feet (on opposite sides of the spacecraft) as
measured from the nozzle exit. Taking the worst case (engine gimballed
hard-over and surface oriented toward the plume centerline), the convective
and radiation heat transfer rates can be seen to be less than I00 Btu/ft2hr
each (Figures C-2 and C-3). The total heat transfer rate (radiation, plus
convection) of less than 200 Btu/ft2hr does not create problems.
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